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PREFACE

The efficiency and performance of the turbomachinery components of future acro engines can considerably be improved by
applying recent advances in understanding the flow behaviour of axial compressor and turbine bladings. Thus. the optimal
profile pressure distribution as input for new blading design methods has an important effect on losses and flow deflection.
The boundary-layer behaviour has to be caretully taken into account with respect to laminar. turbulent transition. shock
boundary-layer interaction and separation effects. In addition to these acrodynamical questions, unsteady effects and the
limitations from structural and vibrational conditions also have to be taken into account.

The Lecture Series deals with two main topics:

—  design methods and their principles, imitations
- application to axial compressors and turbines, experience.

This Lecture Series. sponsored by the Propulsion and Encrgeties Pancl of AGARD. has been implemented by the
Consultant and Exchange Programme.

Le rendement et les performances des pieces des turbomachines destindes a ¢tre incorporées aux futurs systemes de
propulsion pourraient étre sensiblement améliords par ka mise en ocuvre des progres réalisds récemment en ce gui concerne
la définition du comportement des ¢coulements dans des compresseurs axiaux et sur les aubes de turbine.

1l s’ensuit que la répartition optimale des pressions sur le profil, en tant qu'élément dans les nouvelles mdthodes pour fa
conception d'aubes de turbine, a des conséquences importantes sur les pertes et sur la déflection de I'écoulement. Le
comportement de la couche limite en fonction de la transition laminaire/turbulent, des interactions choc/couche imite et des

effets de déeollement doit etre systématiquement pris en compte.

En plus de ces questions d'ordre aérodynamique. il taut également tenir compte des cffets instationnaires et des
contraintes imposées par les conditions structurales et vibratoires.

e Cycle de Conférences traite principalement des deux sujets suivants:

— les méthodes de conception, leurs principes et limitations
— les applications aux compresseurs et turbines axiaux, et Fexpérience acquise.

Ce Cycle de Conférences est présenté dans le cadre du programme des consultants et des échanges, sous I'égide du
Panct AGARD de Propulsion et d'Encrgétique.
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REVIEW ON TURBOMACHINERY BLADING DESIGN PROBLEMS
by

L. Fottner
Prof. Dr.-Ing., Universitat der Bundeswehr Miinchen
Institut tur Strahlantriebe
Werner Heisenberg Weg 39
D-8014 Neubiberg, Germany

SUMMARY

This report is the introductory paper for the AGARD Lecture Serjes No 167 on "Bla-
ding Design for Axial Turbomachines”. Based on the design objectives for the bladings of
highly-loaded, high Mach number turbocomponents the main problem areas to be taken into
account during the design process are derived. These refer to the flow field conditions
with respect to the effect of Mach number on the profile contour shape, to the aerodyna-
mic loading, especially of compressor bladings and to the boundary-layer behaviour. In
addition, blading design has to account for secondary flow effects and to unsteady flow
conditions. These problem areas are being treated in detail in the subsequent Lecture
Series papers.

LIST OF SYMBOLS

pressure coefficient
Lieblein diffusion factor
roughness

blade chord

Mach number

radius

Reynolds number

pitch

turbine entry temperature
flow angle

loss coefficient
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1. INTRODUCTION

The efficiency of advanced turbojet aero engines is considerably affected by the
aerodynamic characteristics of the turbocomponents. Using the latest knowledge regarding
the flow deflection behaviour of the cascades and as a result of better understanding of
the actual flow, the efficiency of these components has been considerably increased in
the last years. Future development will have the following objectives:

- high or even higher efficiency

- large working range, also taking into account inlet
distortions

- lower manufacturing effort and cost, which means a reduction
in size, weight, and number of blades. This requirement can
only be met by reducing the number of stages, which means
increasing the aerodynamic stage loading.

At these conditions the aerodynamic quality of the blading is of great importance.
The objective of the blading design is to realize a given design velocity triangle (re-
sult of a through~flow calculation) with minimal losses and to have a sufficient working
range at off-design conditions. Up to now the blading is designed with the aid of empi-
rical methods. Especially compressor bladings are mainly designed using profile families
which have been developed years ago. Cascade test results are the basis for the empiri-
cal design of such cascades, consisting of NACA 65, NGTE or DCA profile shapes. The de-
sign of turbine cascades has to take into account additional conditions, such as blade
cooling, so that profile families are not widely used for turbine bladings. Within the
last years it has been shown that ‘.ow concepts for the bladings of compressors and tur-
bines will increase the efficiency. These methods are of the inverse or direct iterative
type, i.e. they calculate the profile shape for a given pressure distribution on suction
and pressure surface. Thus, the pressure distribution as an input for these methods has
to be optimised with respect to some optimisation criteria. These criteria are oriented
at the special application case. For compressor cascades mainly aerodynamic parameters,
as losses and safe working range have to be considered. The design of turbine cascades
is additionally affected by blade cooling and structural conditions.

Thus, blading design is highly influenced by the internal flow field, expressed by

- aerodynamic loading with respect to flow deflection,

- Mach number level

- Boundary-layer behaviour (Reynolds number and turbulence
influence)
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- and in case of cooled turbine bladings by blowing effects
of coolant air.

In addition to these primary effects, blading design of turbomachines is also affec-
ted by the special feature of turbomachines like

- multi-stage components
- secondary flow effects
- unsteady flow conditions

This report as an overview paper daes not include detailed reference informations,
these beeing referred to the respective papers of this Lecture Series. The reference
list at the end of this report contains monographies which have been valuable in prepa-
ring the programme of this Lecture Series.

2. INTERNAL FLOW FIELD

The internal flow fields encountered in current turbomachines are viscous, compres-
sible and unsteady. The flow passage geometry provides a completely three-dimensional
flow, and a significant fraction of the flow occurs in rotating passages. Some of the
important phenomena influencing flow fields in modern axial-flow compressor blade rows
are shown in Fig. 1. The flow is

- three-dimensional, the flow channel beeing given by the hub
and casing contour and the profile contours on suction and
pressure surface

- viscous, losses beeing generated by friction, mixing and
shock/boundary-layer interaction

- compressible, with supersonic inlet (compressors) and exit
(turbines! conditions

- unsteady due to the unsteady inlet conditions of rotating
and stationary blade rows of stages and multi-stage
machines.

These features have a significant effect on the overall flow field, but they are not
the only influential factors. What Fig. 1 does not emphasize is that the phenomena shown
take place in a strong through-flow or primary flow which is generally understandable in
terms of the physical laws and corresponding equations of fluid dynamics. Many of the
features of the flow field shown in Fig. 1 might therefore be called secondary flows or
secondary effects. This suggests that such flows may be accounted for separately after
determination of the primary flow field in a given case. Turbomachine flow fields occur
in passages characterized by some unique geometric and kinematic features, which do not
occur in other typical complex flows, either internal or external. These are shown in
Fig. 2, which also introduces the idea of looking at the flow field in a representative
meridional, hub-to-tip section of a turbomachine. An initial unique feature is the se-
quence of rotating and stationary internal flow passages. The effects of rotation on the
flow within rotor blade rows should be considered. A second unique feature existing in
turbomachine flow field is the transfer of energy in the flow process as work done on or
by the fluid as it traverses the rotating elements.

2.1 Profile shapes

The profile shape is strongly influenced by the Mach number. As an example, Fig. 3
shows the radial Mach number distribution for some cascades of a 3-stage transonic com-
pressor. The Mach number of the first rotor reaches 1,45 at the tip and remains superso-
nic over a large region of the blade height. The inlet velocities of the following cas-
cades decrease to lower Mach number values. The stator cascades are subsonic, but the
Mach number sometimes exceeds the critical value, thus producing local supersonic fields
terminated by a compression shock.

The profile-type to be chosen for optimal flow deflection is directly dependent on
the Much number level. The areas of application of some profile-types are also indicated
in Fig. 3. At Mach numbers larger than 1.2 special profile types (transonic profiles)
should be used to reduce the shock losses at these supersonic inlet conditions. Double
circular arc profiles have shown good results for the Mach number region between 0,8 and
1l.1. For lower Mach number values NACA 65 profile blades are widely used. But, as has
been already mentioned, for Mach numbers larger than the critical value local supersonic
fields with a terminating compression shock are experienced with conventional blades.
Thus, the compression shock should be minimised and it had been shown that it is possi-
ble to design cascades for supercritical inlet conditions without any compression shock
(supercritical profiles).

T . £il

The flow conditions in a transonic cascade are mainly effected by the compression
shock. This shock is composed of two parts. According to Schlieren pictures of cascade
tests, there is a normal compression shock in the blade passage and an oblique shock in
front of the cascade which is influenced by expansion waves emanating from the profile
contour. Thus, the normal compression shock produces high losses (shock losses and
shock/boundary-layer interaction losses), while the losses of the oblique shock can be
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neglected. The objective of a blading design for transonic profiles is therefore to
minimize the loss due to the normal compression shock. The consequent realisation of the
above mentioned optimisation criteria for transonic profiles (lowest Mach number in
front of the compression shock)} leads to a straight suction surface from the leading
edge to the shock position. This wedgetype profile (MTU 1, Fiq. 4) is composed of a
straight camber line in the supersonic region and a circular arc camber line in the sub-
sonic region behind the compression shock. The profile shape is given by a superposition
of this camber line and a thickness distribution consisting of the leading edge circle
and wedge shape within the supersonic region and of a NACA 65 thickness distribution
within the subsonic part behind the compression shock. The design of such transonic pro-
files has to take into account the following conditions:

- unique incidence condition at the leading edge

- transition point between supersonic and subsonic part is
given by a shock model of a normal shock emanating from
the leading edge of the adjacent blade and normal to the
suction surface of the considered blade.

- deviation at the trailing edge according to empirical
correlations for subsonic cascades consisting of NACA 65
blades.

In order to reduce the aerodynamic loading of the subsonic part of the cascade, the
multiple circular arc (MCA) type of blades has a small amount of supersonic expansion
from the leading edge to the shock position. The definition of this supersonic expansion
has to be done with respect to avoiding separation of the boundary-layer at the shock
position. The camber line of these MCA-type blades (MTU 3, Fig. 4) is composed of two
circular arcs. The profile shape is given by a superposition of this camber line and the
thickness distribution as explained for MTU 1 type blades.

Supercritical compressor profiles

The principle of supercritical profiles is successfully used for aircraft profiles
and is now also being applied to compressor bladings. If the inlet Mach number is in-
creased to a value larger than the critical Mach number (i.e. that Mach number at which
at first locally sonic velocity is reached), a local region with supersonic velocity is
established on the profile suction surface. This supersonic region is limited by the so-
nic line upstream and a compression shock downstream. This compression shock produces
shock losses and via the interaction with the boundary-layer also additional losses.
These shock and interaction losses are the reason for the strong increase of losses with
increasing Mach number above the critical Mach number. If it were possible to design a
profile with a continuous deceleration from supersonic to subsonic velocities (i.e.
shockfree deceleration), this loss increase could be shifted to larger Mach numbers. In
order to solve this problem it was necessary to have an inverse blading design method,
i.e. to prescribe the desired velocity distribution and to calculate the resulting pro-
file shape.

Since those methods to calculate transonic flow fields methods are now available, it
is possible to design supercritical blades also for compressor cascades. It should be
mentioned that this cascade is shockfree for the design condition and it has to be care-
fully checked if the off-design behaviour is also sufficient. Since these inverse design
methods allow L.2lvidual optimisution of a blade, *aking into account only the connec-
tion between pressure distribution and profile shape, these methods should also be ap-
plicable to wholly subsonic flow fields, so that there is a wide field of application
for these new blading concepts.

Profile shapes for turbines

As has been already mentioned the design of turbine cascades has to take into ac-
count not only aerodynamic optimisation criteria but some additional considerations like
blade cooling. Therefore the use of profile families is very limited and the tlading de-
sign takes place in an iterative manner by recalculation of a given profile shape and
correcting this shape in order to produce a prescribed velocity distribution. Like for
compressor cascades, the velocity distribution on suction and pressure surface is an im-
portant optimisation criterion because of its influence on boundary-layer development
and thus on the losses. In turbine bladings, where blade cooling is necessary due to
high temperatures, blading design has also to consider the effect of mixing cooling air
with mainstream flow. When directly used for cooling, the air fraction derived from the
compressor is blown through the shaft and discs to vent holes. It then undergoes pres-
sure losses and entropy increments, so that mixing of the coolant with the external flow
entajls aerodynamic losses. There is a considerablly negativ effect on boundary-layer
behaviour due to the crossflow between cooling air and main stream which leads in combi-
nation with mixing losses to a remarkable efficiency decrease with increasing turbine
inlet temperature (Fig, 5).

Research intc cooling procedures imply analytical and experimental work, in order to
obtain heat transfer data providing the boundary conditions needed for structural pre-
dictions, namely thermal fatigue, creep progression and chemical deterioration. The pro-
blems associated with these procedures amount to finding devices which will maximize the
heat transfer while minimizing coolant mass flow and the resulting losses. Flow passages
inside the airfoils must offer a sufficient area for the local heat transfer require-
ments; their geometry is so complex that it is hardly possible to estimate even crudely
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the heat transfer coefficients from straight forward computations. The designer must
then start with a preliminary estimate of the profile geometry in order to compute a
first approximation of the three-dimensional turbine flow field and heat transfer rate.
The way in which the coolant discharge interferes with the mainstream must aiso be ac-
counted for, in applying subsequent corrections to the first design.

2.2 Blade loading of compressor cascades

In future developments the manufacturing effort and the cost will have to be taken
into account to a greater extent, which means a reduction in size, weight and number of
blades with the aerodynamic quality being maintained at its present level at least. The
requirements can only be met by reducing the number of stages, i.e. increasing the zero-
dynamic loading with sufficient working range. Highly-loaded compressor cascades are,
however, considerably limited in their working range and losses will rise. An attemp
must therefore be made to avoid separation of the boundary-layer by suitable measures.
Apart from the frequently applieed method of splitting the deflection to two airfoils
(tandem cascades), which, however, does not result in a reduction of manufacturing ef-
forts, there are possibilities of increasing the maximum lift which have beeen success-
fully used in aircraft aerodynamics:

- suction of the boundary-layer prone to separation
- blowing of high-energy air to the boundary-layer prone to separation.

For turbomachine application, boundary-layer control is in practice limited to blo-
wing my means of slot or slit profiles. In the case of slot profiles, the air required
to effect the boundary-layer is blown through slots from the pressure to the suction
surface exploiting the pressure gradient between the pressure and suction surfaces,
where as in the case of slit profiles a secondary air supply is needed to blow the air
through slots in the suction surface (Fig. 6).

2.3 Profile boundary-layer behaviour

Blading design methods use the profile velocity distribution as a criterion for the
aerodynamic quality of the design, i.e. they take into account the close connection bet-
ween the profile losses (due to blade boundary-layer) and the blade surface velocity
distribution. Thus, the velocity distribution being input for these methods has to be
optimized with respect to low losses of the blading. With respect to the boundary-layer
state of actual turbomachinery blades, it is essential to find velocity distributions
with the laminar-turbulent transition point as far downstream as possible. In particu-
lar, two factors effect the transition behaviour, namely the pressure gradient on the
blade surface and the free stream turbulence. Experience on several turbine cascades at
design conditions shows a mixed laminar-turbulent boundary-layer on the suction surface
and a mostly laminar boundary-layer on the pressure surface. It is therefore necessary
to primarily optimize the velocity distribution on the suction surface with respect to
low losses. The laminar boundary-layer should be maintained as far downstream as possi-
ble. Transition is required to take place without forming a laminar separation bubble.
The extent of a rearward deceleration has to be carefully limited to avoid flow separa-
tion in this region (Fig. 7). Thus, determination of the transition region becomes very
important prescribing the profile velocity distribution. We have to distinguish between
natural transition and transition via a laminar separation bubble.

When the overall blade chord Reynolds number (Rc) gets low enough, the laminar boun-
dary-layer reaches the separation point before transition is achieved. After the laminar
boundary-layer separates, it forms a laminar free shear layer that eventually undergoes
transition to turbulence. The turbulent free shear layer is able to do enough diffusion
by entrainment of high energy free stream fluid to reattach to the surface as a turbu-
lent boundary-layer. This short bubble is seen as a small perturbation on the pressure
distribution; its effect on the flow outside of the bubble region is minimal. As Rc con-
tinues to decrease, the laminar free shear layer grows in length. This growth causes the
turbulent free shear layer to do more diffusion to reattach at a pressure near the in-
viscid pressure value (see Fig, 8). Finally, Rc becomes so low and the laminar shear
layer so long that the turbulent entrainment process can no longer support the diffusion
required for reattachment with a value close to the inviscid pressure level. This is
when the bubble starts to significantly affect the flow outside the bubble region. The
velocity peak and circulation decrease, thereby reducing the pressure gradient over the
bubble. This allows the turbulent shear flow to reattach as a long bubble, i.e. that is
the short bubble as burst into a long bubble. As Rc is further lowered, the velocity
peak and circulation is further decreased. Finally, the bubble is so long that reattach-
ment on the blade surface is no longer possible, The flow is then completely separated,
and there is little change to the flow field around the profile with continued decrease
of Reynolds number.

To summarize, within the incidence operating range of the cascade, there are four
flow regimes possible across a large Reynolds number range (disregarding turbulent sepa-
ration due to off-design conditions):

- Rc sufficiently high for transition to occur before
separation
- short bubble region (before bursting)




- leng bubble region {(after bursting)
- complete separation

The conditions necessary for the formation of a laminar separation bubble are an ad-
verse pressure gradient of sufficient magnitude to cause laminar separation and flow
conditions over the blade surface such that the boundary-layer will be laminar at the
separation point. Inherent in the second condition is that the blade surface be smooth,
that the free stream turbulence level shall be relatively low, and that the distance
between the stagnation and separation points be moderate (or more precisely, that the
boundary-layer Reynolds number at the laminar separation point be less than that re-
quired for transition).

Blade surface roughness effects blade profile loss when the surface roughness ele-
ments protrude from the laminar or viscous sublayer of the turbulent boundary-layer. As
long as the roughness elements are submerged within the viscous sublaver no further re-
duction of friction losses is achievable below the so called "hydrodynamically smooth"
value. Friction drag in that regime depends exclusively on Reynolds number. As soon as
the roughness elements protrude from the viscous sublayer due to a thinner sublayer as
the result of increased Reynolds number, the friction loss function turns toward inde-
pendence of Reynolds number within a small Reynolds number interval. After that transi-
tion region friction drag is exclusively a function of the roughness heigh itseif (Fig.
9). Analysis of limited experimental data reveals that critical roughness Reynolds num-
ber of compressor blades manufactured with typical present day methods as for-
ging/etching and electrochemical machining are around 90 and therefore very close to
sand type roughness if roughness height is based on the largest peaks. The steadily in-
creasing pressure ratios and flow velocities in modern gas turbine compressors increase
the Reynolds number over chord length ratioc in the back end of the compression system to
an extent that even with the best presently available manufacturing methods noticeable
losses of potentially achievable efficiency gains must be accepted. The latter applies
primarily to all missions with high inlet pressure, i.e. low kinematic viscosity. The
roughness problem occurs primarily in the higher Reynolds number regime where turbulent
attached flow predominates.

3. SECONDARY AND UNSTEADY FLOW EFFECTS

It is not the objective of this chapter to present a complete documentation of these
very important problem fields. Secondary and unsteady flow effects have to be taken into
account during the whole design process of a turbomachine.

Since secondary flow regions (Fig. 10) are always the origine of higher losses, the
blading design in these regions has to consider these additional effects to get an opti-
mal solution. The objective of optimal blading design is, to shape a blading from hub to
tip in order to reduce also secondary losses. Blading design has to consider the fol-
lowing flow effects:

- Cascade passage vortex

- Corner vortex

- Tip clearance vortex

- Horseshoe vortex

- Annulus end wall boundary-layer

These terms do not refer to flow field occurrences which are independent mechanisms.
As can be observed in experiments they overlap and interact.

The state of the art in axial turbomachinery has advanced to the point where further
improvements will have to come also from a better understanding and eventual control of
the unsteady flow phenomena which occur in turbomachines. These unsteady flows have a
significant influence on efficiency, aerodynamic stability of the compression systenm,
aeroelastic stability, forced response, and noise generation (see Fig. 11).

A comprehensive report on these topics has just been published as: "AGARD Manual on
Aeroelasticity in Axial-Flow Turbomachines" (AGARD-AG-~298, Vol. 1 and 2) by Platzer and
Carta. The first volume attempts to review the field of unsteady turbomachinery aerody-
namics. The reader will notice that most methods are still limited to the two-dimensio-
nal (cascade) flow approximation, although great progress has been made in the inclusion
of blade geometry and loading effects. The current status of the underlying aerodynamic
theory and of the major results are described. The importance of thrée-dimensional flow
effects is still insufficiently understood. Viscous flow effec*s are discussed in the
chapter on stall flutter. Rigorous methods for the computation of unsteady boundary-
layer effects are beginning to be developed. Great progress has been made in the field
of computational fluid dynamics. Its application to the problem of unsteady transonic
cascade flows is reviewed. A separate volume will have to be devoted in the near future
to the numerical computation of unsteady flows in turbomachines because of the rapid ad-
vances in the field of computational fluid dynamics. The final four chapters present the
status of the unsteady aerodynamic and aeroelastic measurement techniques and of the
available experimental cascade and rotor results. Whenever possible a comparison between
theory and experiment was attempted in the varjous chapters. The need for well-control-
led test cases was recognized a few years ago. This effort is currently in progress. In
the second volume the structural dynamics characteristics and analysis methods appli-
cable to single blades and whole bladed assemblies are reviewed.
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SUMMARY

Since about 1975 numerical methods are available to compute cascade blade shapes
from prescribed surface velocity distributions in compressible flow ranges. Two-dimen-
sional or quasi three-dimensional inverse or design methods enabled thereby the im-
provement of compressor and turbine cascades via an optimized blade pressure distribu-
tion. The theoretical and experimental development of such pressure distributions is
described for the subsonic, supercritical, transonic and supersonic velocity range of
compressor cascades. The equivalent problems in turbine cascades are indicated.

LIST OF SYMBOLS

a sonic velocity T transition point

c chord T turbulence intensity

d blade thickness v velocity

Hy, boundary layer shape parameter = § /62 w velocity

I Tolmien-Schlichting instability poznt X coordinate along chord
1 chord and axial chord

M Mach number 8 flow angle

M sur face Mach number [ boundary layer momentum
Ms intersection Mach number (Fig.34) loss thickness

M1s isentropic Mach number = f(p/ptotl) @ flow turning - Dy = by
Mss pre-shock Mach number P density

p static pressure w loss coefficient

P total pressure =p -p /p -p
R&Ot Reynolds number w shogﬁtiosgoggefffgien%
Ry leading edge radius N axial velocity density
s spacing fE T T e ratio (AVDR)

t spacing E = 02-v2-51n82/£‘1-v1-51nﬁl
SUBSCRIPTS

1 inlet

2 exit

INTRODUCTION

Within the last ten years a successful development of new blade design methods has
been reported. Names like "Prescribed Velocity Distribution" (PVD), “"Controlled Dif-
fusion" (CD) and "Custom Tailored"” (CT) Airfoils characterize this development in the
turbomachinery world. This was possible because direct and inverse computational codes
became available for high subsonic and transonic cascade filow fields which enabled the
tailoring of blade geometries according to desired flow fields and boundary layer
behaviours.

The idea of this technique is, of course, not a new one. In fact, the NACA airfoils
for instance and especially the 6-series have been developed in the same way by pre-
scribing the surface velocity distributionsg. But due to the lack of fast computers and
computational codes it was necessary to adjust the profile geometry to the desired boun-
dary conditions using empirical data and correlations to account for the unknown real
flow effects. The drawback of this method is twofold. The high number of geometric as
well as flow parameters of a cascade limits the empirical data base on one side and does
generally not allow a design optimization with regard to loading, Mach number etc. on
the other side. Therefore, quite often axial flow turbomachinery bladings were develop-
ed by a time consuming trial and error method.

Today we are in a better position with regard to our design tools. But still we have
to learn how to handle them and how to overcome their existing limitations. In addition
these new design tools are time consuming and it is therefore advisable not to start in
each blade design from scratch but also to make use of past experience, especially that
from experiment. The development of certain criteria for tailoring the best possible
velocity distribution under given boundary conditions is such a way. These criteria
result from theoretical considerations verified and completed by cascade and turbomachi-
nery tests. The following chapters deal with this subject whereby the different inlet
velocity ranges are treated separately.
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Generally, the aim of the aerodynamic optimizations is the reduction of the total
pressure losses to a minimum and the increase of the loading to a maximum which means a
maximum pitch chord ratio or a minimum blade number. Additionally the off-design ope-
rating range should also be as large as possible. Depending on the requirements of the
turbomachine the main attention is directed more to one or to the other point or a com-
promise has to be found, There is, however, little information available on off-design
optimizations. So far, the main attention has been directed towards the improvement of
the design-point operation,

SUBSONIC PRESSURE DISTRIBUTION

In the development of low drag airfoils extended laminar suction surface boundary
layers were proposed and applied in the 50's. 1In 1959 this was supplemented by
Stratford /1/,/2/ who published a way to optimize the turbulent boundary layer to reach
a maximum diffusion. He derived a rapid method for the prediction of turbulent boun-
?ary layer separation which included the pressure rise and required only a single
empirical factor. BAn extension led to the pressure distribution which just maintains
zero skin friction throughout the region of presgsure rise and which is now often called
"Stratford distribution”. The application of this distribution to blade or airfoil
suction surfaces renders possible very different velocity distributions depending on
the prescribed position of the transition point which is identical to the onset of the
pressure recovery. Fig.l from Liebeck /3/ shows as an example such diiferent pressure
distributions which were calculated for a fixed downstream pressure value. A transi-
tion point near the leading edge renders possible a very strong deceleration due to a
thin laminar boundary layer at this point. Therefore the peak velocity can be very
high. However, a transition point near the trailing edge limits the maximum velocity
considerably due to a thick laminar boundary layer followed by a reduced turbulent dif-
fusion capability. An integration of these curves leads to different lift coefficients
with a maximum at a transition point position around 45% of chord.

Similar velocity distributions were also obtained by Fottner (published by Scholz
/4/) who applied a constant near separation shape parameter H in the diffusion region
sa pronosed by Fppler /5/. An integration of his curves yielaéd a maximum loading at a
transition point position around 30% of chord, as shown by the bottom curve in Fig.2,

This optimum position of the transition point with regard to highest loading was also
confirmed by Papailiou /6/ who used an inverse boundary layer method developed by Le
Foll to optimize the suction surface velocity distribution. Fig.3 shows the dependency
of his results on the transition point location and Fig.4 the optimum velocity distribu-
tion he used to design a high camber compressor stator blade section. fThe profile shape
he obtained with the aid of a conformal mapping method is alsoc shown in Fig.4. The geo-
metry is typical for this so called flat or laminar roof top type of pressure distribu-
tion with a Stratford like recompression. It is characterized by high front and low
rear camber. Due to a limited suction capacity of the cascade wind tunnel a complete
experimental verification of this design failed but the results confirmed the design
tools.

At the same time (around 1970) similar design methods and optimization techniques had
already entered into practice in turbine development. Fig.5 shows as an example a 3-
parameter velocity distribution applied to the design of a turbine blade as described by
Payne /7/. The suction surface velocity exhibits the same basic idea of a laminar roof
top distribution with a Stratford like recompression as proposed above for compressor
blades.

However, it was later recognized that this distribution is very sensitive to turbu-
lence levels due to transition point movement (Fig.6. Sharma, et al. /8/) and an acce-
lerated - also crlled aft loaded - suction surface velocity distribution became the more
favorite one. Typical examples are presented for instance by Cherry, Dengler /9/. As
shown in Fig.7 from Eckardt, Trappmann /10/ the accelerated distribution of a LP turbine
results in long laminar boundary layers even at high turbulence levels and consequently
smaller momentum loss thicknesses and improved efficiencies.

The maximum velocity position has to be selected according to the pressure recovery
capability of the boundary layer including a possible laminar separation bubble. The
latter is especially important at low Reynolds numbers where the separation bubble may
be long and requires a considerable length for reattachment. This may even lead back
to the laminar roof top design as described by Patterson and Hoeger /11/ who called
this "combination" loaded because it combines a mid and aft loaded design.

The pressure surface velocity distribution is generally selected according to
strength and stiffness requirements of the blade section. In addition, of course, the
integrated pressure difference between suction and pressure surface has to be in accor-
dance with the desired flow turning and pressure drop or rise. Therefore, the final
design pressure distribution is generally achieved only in an iterative process.

Thereby it has also to be considered that the final blade section has to have a
certain operating range at positive and negative incidences. This is especially im-
portant for compressor blades. In Fig.8 the considerable changes of the surface Mach
number distribution is shown in the operating range of a compressor stator blade sec-
tion, In order to "adjust" the design point correctly within this range, either the
above described optimum velocity distribution may be changed or the blade design could
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be performed at an inlet flow angle which is different from the operating point in the
turbomachine. The feasability of the latter method has been proved by Rechter and
Steinert /12/ who designed and tested a blade section at two different inlet flow angles
but similar surface Mach number distributions. The measured performance curves are
shown in Fig.9. The positive incidence range was thereby extended by the same amount as
the design inlet flow angle was changed, whereas the negative incidence range was
reduced, so that the higher camber resulted in a smaller overall operating range.

SUPERCRITICAL PRESSURE DISTRIBUTION

Within the 70's numerical methods and computer systems became available which had the
capacity to solve also compressible flow cases including local superscnic areas. In par-
ticular inverse codes now offered the possibility to develop, at least theoretically,
shock free compressor blade sections. This stimulated the numerical blade design consi-
deralby. In the beginning the laminar roof top pressure distribution was alsoc consider-
ed to be the best choice for the design of the so-called "supercritical cascades". Korn
/13/ was the first who published such .nverse designed compressor and turbine cascades
applying also the Stratford distribution (Fig.10 and 11). However, in his turbine
example he already applied an acceleration along the suction surface up to the peak
relocity and not a roof top distribution. The compressor blade, on the other hand,
exhibits a considerable rear loading which leads to a minimum blade thickness ahead of
the thick trailing edge. The overall loading of this design is very high due to a
pitch-chord ratio of 1.2. Based on this concept and by order of Pratt & Whitney, Korn
developed a cascade which was tested in a cascade wind tunnel at the DFVLR in K&ln to
validate the design code.

In Fig.12 design and measured blade Mach number distribution are compared as reported
Ly Stephens /14/. ‘w.ih the exception of the flat roof top and the correct exit Mach
number the basic concept could be confirmed. The first difference was later detected
as a result of a manufacturing inaccuracy of the blade leading edge whereas the second
one was due to an increased axial velocity density ratio (AVDR) above the design value
in the test. The latter was necessary to avoid strong boundary layer separation. In
other words, the design diffusion rate according to the Stratford criterion was slightly
too high and had to be reduced by increasing the AVDR.

The success of this supercritical design, especially with regard to the low loss
level which was also attributed to the absence of shock waves (Fig.13), caused the DFVLR
to develop its own blade section called SKG-DFVLR 1.3 (Rechter et al. /15/). The suc-
tion surface Mach number distribution was kept identical to the Korn blade whereas the
rear loading of the pressure side had to be reduced in order to achieve a finite blade
thickness (Fig.l14). This was due to the velocity triangles chosen according to a rea-
listic stator blade application. The blade geometry was calculated by E. Schmidt using
an inverse full potential code /16/. The cascade test results, however, were very
disappointing. The minimum loss coefficient was quite high and the off design behaviour
was very bad. Fig.1l5 shows the dependency of the losses from the inlet Mach number.
Thereby the differences between design and measured surface Mach number distributions
were in the same order of magnitude as for the Korn blade (Fig.16}. However, there is
one important deviation and that is the suction surface Mach number near the leading
edge. Contrary to the P&W blade, the DFVLR section exhibited a leadinc edge suction
peak resulting in an upstream position of the transition point. From a boundary layer
analysis it was derived that a forward movement of the transition point up to 10% of
chord would lead to early turbulent separation. In Fig.l17 the development of the boun-
dary layer shape parameter i 2 at two different transition point positions is shown.

The final conclusion was tha% the suction peak, caused also by manufacturing errors of
the leading edge, was responsible for the bad performance of this cascade.

Consequently Pratt & Whitney as well as DFVLR changed the flat roof top design of the
velocity distribution to an accelerated one. Fig.18 shows the basic supercritical
compressor blade design concept of P&W as published by Stephens and Hobbs /17/. Cas-
cade tests performed at DFVLR confirmed this concept not only at design condition but
also at off design. Some results of a stator blade section are shown in Fig.19 to 21
/17/. Fig.22 and 23 show the improvements of Mach number and incidence range of the
Controlled Diffusion Airfoils as compared to standard series airfoils as published by
Hobbs and Weingold /18/. These authors also report a significantly higher loading
capability of the new airfoils.

The DFVLR concept was derived in the following way. Calculations of the boundary
layer behaviour of the first 30% of the suction surface of an accelerated, a flat roof
top, and a peaky Mach number distribution, revealed very different positions of insta-
bility and transition points. 1In Fig.24 from Weber et al. /19/ results are presented
at a turbulence level of about 1,6% which leads to a Reynolds numnber difference of
iRe = 100 (after Granville) between instability I and transition point T. Most impor-
tant is the long distance between I and T for the flat roof top distribution. This
points to a high sensitivity of such designs according to inlet turbulence intensity,
surface roughness and Reynolds number levels. If the before mentioned sensitivity of
the transonic flow to small geometric variations and errors in the design code are con-
siderea as well as an often reguired positive incidence range, the accelerated distribu-
tion becomes the most attractive one. It offers low losses due to long laminar boundary
layers, a stable transition point, a reasonable loading, and a two to three degrees of
positive incidence range which is about half the total off-design value. The maximum
Mach number was selected around M = 1,25 in order to avoid boundary layer separation in
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case normal shock waves would occur.

The rear turbulent diffusion part of the suction surface was optimized also by a
boundary layer calculation. Fig.25 and 26 show three important steps of this deve-
lopment /19/. The first step was the generation of a Stratford like Eppler distribu-
tion called SKG 2.3.18 with a nearly constant H 2-va1ue from 35 to 100% of chord. This
resulted in a very high diffusion rate down to 3 Mach number below M, = 0,5. However,
the momentum loss thickness §,/c at the trailing edge was quite high“in this case. Un-
loading the rear (SKG 2.3.1) geduced §,/c down to less than half the value before. But
the very high diffusion rate between 36 to 35% was considered too dangerous with respect
to a possible shock induced boundary layer separation. Therefore, a gradual decrease of
the shape parameter H,, was selected which led to the final Mach number distribution SKG
DFVLR 2.7. The resuléinq momentum loss thickness is about half way between those of the
other two distributions.

The experimental verification was performed again in a wind tunnel., Cascade geometry
and velocity triangles were identical to the SKG DFVLR 1.3 blade tests. In Fig.27 the
design and measured surface Mach number distributions are compared. -The agreement is
quite good. Differences at the leading edge and on the suction surface were due to
limitations of the design code of E. Schmidt at that time and due to a laminar separa-
tion bubble. Even though the minimum total pressure loss coefficient was half the value
of the SKG DFVLR 1.3 cascade and also the off design behaviour was improved considerably
(Fig.28) . The local laminar boundary layer separation does obviously not affect the
overall loss coefficient in this case where the chord Reynolds number was around one
Million. However, if a low critical Reynolds number is required a more peaky pressure
distribution has to be selected. An application of a special transition length within
the pressure distribution having a moderate diffusion as proposed by Walker /20/ and
shown in Fig.29 seems not to be necessary because the flow adjusts itself by building up
a corresponding "fluid blade shape" by a laminar separation bubble.

The experience of P&W and DFVLR was later also confirmed by cascade tests at the
NASA. Boldman et al. /21/ reported in 1983 the experimental investigation of a super-
critical compressor stator cascade. The blades were designed by the method of Bauer,
Garabedian and Korn (BGK) whereby the pressure distribution on the blade surface is
prescribed as part of the input. The design surface Mach number distribution together
with the blade shape is shown in Fig.30. 2again a laminar roof top distribution with a
Stratford recompression was selected. Also again, this distribution could not be
reached in the cascade experiments. Instead, a long laminar separation bubble was
observed near the 10 percent suction surface chord location. The related Mach number
distribution as shown in Fig.31 exhibited two suction peaks and complete separation
around 50% of chord at design inlet angle and Mach number. A measured total pressure
loss coefficient in the order of 8% is therefore not surprising. By a small variation
of the blade geometry, as shown in Fig.32 from the report of J.F. Schmidt et al, /22/,
the flat roof top distribution was then changed to an accelerated one, shown in Fig.33.
Besides an excellent agreement between measured and calculated surface Mach number dis-
tiibution the total pressure loss coefficient of the redesigned blade went down to 3,5%.
Also the off-design loss behaviour was improved considerably.

All the above described results indicate the superiority of the accelerated suction
surface Mach number distribution for supercritical compressor cascades. But these data
do not clearly answer the question about the maximum allowable suction surface Mach num-
ber at low losses. As Starken and Jawtusch /23/ have shown quite recently for controll-
ed diffusion blades, the loss rise onset with inlet Mach number seems to depend on a so-
called "intersection Mach number" M_. M_ is obtained at the unigue intersection point of
the suction surface Mach number disiribﬁtions derived at different inlet flow angles.

It is therefore some kind of an average surface Mach number taking into account also the
off-design behaviour of the cascade. An example of a controlled diffusicn rotor blade
calculated with an inviscid code is shown in Fig.34. Deriving M_ in this way at diffe-
rent inlet Mach numbers M, results in curves as presented in Figl.35 for different con-~
trolled diffusion blades {Fig.36).

The corresponding optimum loss rise curves, normalized by the minimum measured loss
value, are shown in Fig.37. The onset of the loss rise varies between about M, = 0,68
and M, = 0,92. However, if these curves are plotted as a function of the inte%section
Mach Aumber M_ the onsets coincide near M_ = 1,0 and the loss rise curves may be appro-
ximated by an"average one (Fig.38). From®these results a maximum inviscid M_ value in
the order of 1,05 can be derived as design criterium for low loss supercritidal compres-
sor airfoils. The method is limited to CDA blades because it is based on the condition
that the loss rise is caused primarily by the inlet Mach nurber. It does not apply to
blade sections which exhibit boundary layer separations already at lower Mach numbers.

A direct calculation of the off-design surface Mach number distributions should
always be performed to check the correct position of the design point inlet flow angle.
Already the inviscid results, as for example those shown in Fig.34, allow a good
estimate about the minimum loss inlet flow angle. It is generally connected with that
incidence where the maximum suction surface Mach number has its minimum. If this check
is not performed it may easily happen that the design incidence position is very near
to choking or stalling of the cascade. This is also due to the fact, that with decreas-
ing pitch-chord ratio, which is generally necessary with increasing flow turning, the
maximum velocity point has to be moved upstream towasds the l2ading edge. A typical
example is the ONERA 115 cascade (s/l1l = 0,28 € = 50°) of Fig.37 with a predicted invis-
cid Mach number distribution as shcwn in Fig.39., At this low pitch chord ratio the




maximum velocity could only be at or around the 30% chord position under choked condi-
tion.

In conclusion the following criteria can be stated for the design of supercritical
compressor blade suction surface pressure distributions:

- Maximum velocity around 30% of chord (at s/c above about 0,7). Further upstream
position at low Re-number and pitch-chord ratios.

- Front part accelerating.

~ Rear part decelerating with a continuously falling boundary layer shape parameter
H3p.
- Maximum intersection Mach number Ms around 1,05.

TRANSONIC PRESSURE DISTRIBUTION

Until the end of the 50's sonic velocity has been considered as an upper limit for
flows in compressor bladings. The experience had shown that higher local velocities led
to an untolerable increase in total pressure loss coefficients and consequently in a
severe drop in efficiency. The test results from cascade wind tunnels could even lead
to the suggestion of a limiting barrier (Fig.37).

However, the efforts in the US in the development of supersonic compressors showed
surprisingly good performance of these machines around sonic inlet velocities. This
resulted in the development of the transonic axial flow compressor now extensively
used in modern jet engines. It was possible by the development of new compressor blade
sections. Fig.37 shows as an example also the loss coefficient of a typical transonic
rotor cascade {Multiple Circular Arc L030-4) with a moderate loss increase with inlet
Mach number passing sonic velocity without any difficulties. 1In order to understand the
reason for this loss behaviour, the cascade and blade section geometry as well as the
related surface Mach number distribution must be compared.

At first the cascade and blade section geometry is considered. 1In Fig.36 the geo-
metry of the subsonic cascade called SKG~-FVV 2.2 is presented. This cascade was
designed and optimized for an inlet Mach number of 0.85 (Weber et al. /19/). It is a
so-called "supercritical cascade” with local supersonic velocity on the suctjon surface
and designed for shock free deceleration. A pitch-chord ratio of 1.0 and 20 turning
were prescribed in this design. The MCA blade section of the transonic cascade L030-4
of Fig.36 (Schreiber, Starkzn /24/), however, looks quite different. The blade thick-
ness as well as the blade camber distribution are different and especially the pitch-
chord ratio is considerably lower (s/c=0.62).

All these geometrical differences result in very different surface Mach number dis-
tributions when compared at identical inlet flow velocities. Fig.40 shows these dis-
tributions around M, = 0.83. Due to the higher blade loading (larger pitch chord ratio
and 4 higher turni&g) and also due to the thick leading edge and front thickness of the
subsonic airfoil, the suction surface velocity exceeds sonic conditions whereas the
velocity of the transonic airfoil remains everywhere subsonic. Nevertheless the loss
coefficient of the supercritical design is smaller than that of the transonic one
because of the higher pitch-chord ratio.

However, at increased inlet velocities as for instance around M, = 0,91, shown in
Fig.41, the high blade loading becomes detrimental to the subsonic cascade. The suction
surface Mach number reaches nearly M = 1.3 causing complete boundary layer separation
behind a normal shock wave. On the contrary, the Mach number past the transonic airfoil
remains below 1.2 and the boundary layer stays unseparated.

The final conclusion of these results is therefore: Any efficient transition of a
compressor cascade to supersonic velocities requires a limitation of the suction surface
Mach number to values below 1.3 at M, ~ 1,0. This, in turn, limits pitch-chord ratio,
front suction surface camber, and leédinq edge radius as the responsible parameters.

In order to elucidate this even more, the influence of the blade suction surface and
the pitch chord ratio is demonstrated by some test results obtained at subsonic and low
supersonic velocities. 1In Fig.42 the measured total pressure loss coefficient is
plotted as function of the iglet gach numger of three different double circular arc
(DCA) blade sections with 30, 15~ and 10  meanline camber and various pitch~chord
ratios {Starken /25/). 1In addition the results of the MCA, the FVV and of a wedge-type
MTU cascade (Fottner, Lichtfuss /26/) are included. Some cascade and blade section
geometries are shown in Figs. 43 to 46 together with Schlieren pictures taken around
sonic inlet velocity. The Schlieren pictures show quite clearly the boundary layer
separation and the dependency of this separation from the blade suction surface camber.
By reducing the latter the total pressure losses can be reduced considerably.

The main reason fcr this is the reduced Mach number ahead of the shock waves. Fig.47
shows a correlation of the measured loss coefficients of several cascades as function of
the measured maximum or pre-shock surface Mach number M__. Plotted are the minimum ios~
ses which could be achieved so far at maximum back pres8iires. The correlation is based
on a limited amount of data and should be considered as a preliminary one. But it shows
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two facts quite clearly, that is the considerable loss increase above a pre-shock Mach
number of 1.2 to 1.3 and an additional dependency of this increase on the maximum blade
thickness.

Fortunatély, the supersonic flow allows a deceleration and pressure rise without any
flow turning and therefore efficient transonic blade sections could be developed for
transonic comgressot rotors having low camber. However, the design of a high turning
(i.e. 0> 207), low loss transonic decelerating blade section is still an unsolved
problem.

This holds true also for supersonic inlet velocities. Similarly the surface Mach
number should also be as low as possible in the higher Mach number range. Above inlet
Mach numbers of about M, = 1,4 it is therefore advisable to apply negative suction sur-
face camber. This reduées also the bow shock strength and allows the design of a low
loss oblique passage shock in the entrance region making use of the strong oblique
shock solution. An example of such a blade section is shown in Fig. 48 (Schreiber
/27/). The design flow configuration has been verified experimentally by L2F measure-
ments in a cascade wind tunnel. A detailed loss analysis revealed the shock losses as
55% of the overall loss coefficient of w= 0,13 at the design inlet Mach number of M, =
1,5. Although Lhe turbulent suction surface boundary layer is completely separated
behind the first passage shock, a considerable diffusion is achieved in the blade pas-
sage as shown in Fig.49. This is a typical flow situation for compressor blade sections
at supersonic inlet Mach numbers. Above sonic velocity it is generally impossible to
avoid shock induced boundary layer separation. The efficient design of these airfoils
may be therefore described more as a controlled separation rather than a controlled
diffusion one.

Besides the surface cuivature also the leading edge thickness influences the suction
surface Mach number level. Fig.50 gives an impression of this influence. The diagram
shows the difference between suction surface and inlet Mach number as function of inlet
Mach number and leading edge radius ratio of a flat plate cascade as derived by a
unique incidence calculation described by Starken et al. in /28/.
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OVERVIEW ON BLADING DESIGN METHODS

G.MEAUZE
ONERA BP 72, 92322 Chaétillon Cedex, France.

NOMENCLATURE

Cr skin friction coefficient
Cp, Cy specific heats

Hp ape factor 81/52

€ len,

M Mach number

r radius

S surface

T temperature

t time

\4 absolute velocity vector
w relative velocity vector
5 displacement thickness
82 momentum thickness

p density

¥ ratio of specific heats Cp/Cy
© angular velocity

;] tangential direction

] merndional angle

1-INTRODUCTION AND SUMMARY

Rather than presenting an exhaustive catalogue on the design method calculations, this paper aims at discussing the
ssible ways to use calculation methods, as well as the prolﬁems of their practical applications.
he first part recalls the complexity of the flow behaviour through a turbomachine and the simplifications which
must be adopted, i.e., 2 mean axisymmetric steady through flow hy]gothesis. The second part is devoted to the
particular case of an isolated blade row with the possible use of a full 3D design approach. The well-known quasi 3D
approach combining the mean through flow and the blade-to-blade calculations is discussed in the third part where
some details are given on direct and inverse methods for both through flow and cascade flow.

2-FLOW COMPLEXITY IN A TURBOMACHINE

The flow in a turbomachine is mainly viscous, 3D and unsteady. The viscosity effects are encountered of course on
blade boundary layers and wakes. They are very important in the so-called secondary effects where the blade and
hub or tip boundary layers are mixed under the tangential gradient influence (Fig. 1). Obviously, the flow is three
dimensional, but the main characteristics of the true 3D flow corresronds to the warping of the stream surface across
the blade passage: this phenomenon is due to the fact that the radial pressure gradients differ from the suction side of
a blade to the pressure side of the following blade (Fig. 2). The secondary flow vortices are of course strongly 3D. The
unsteady effect is mainly due to the series of fixed and rotating blade-rows (Fig. 3). It is important to point out that
only one case can be considered as steady (in the relative frame): it corresponds to the particular configuration of an
isolated blade-row when all the boundary conditions including a fixed rotational speed remain constant. In fact this
case is very rare in a turbomachine: the unsteady effects can be neglected and the flow can be assumed as steady only
in the first fan of a compressor or in the inlet guide vane of a turbine.
Verﬁsophisticated, unsteady, 3D Navier-Stokes codes are generally needed to give a real physical representation of
the flow properties. These codes have not been available for industrial use up to now and probably they will be for a
long time to come.
Before reminding the reader of the simplified hypothesis which is necessary to make industrial codes, the following
two important remarks have to be made.
The first remark concerns the aims of computational methods: one set of methods operates in the analysis mode
where the flow properties are calculated for a given geometry in order to predict performance; these metﬁds are also
used to analyse in detail certain particular phenomena. A well-defined analysis mode is essential. Obviously, ever
improved and more sophisticated methods are necessary for a better flow field analysis. The second aim of the
numerical simulation is the design mode which is used for the geometry definition of an element of a turbomachine
in order to obtain a required flow specification. As detailed later on, several methods can be imagined for the design
mode the definition of which is the main purpose of this paper, Contrary to the analysis aim it is not evident that ?ﬁe
design approach reluires codes giving a very detailecf pgnysical description. For instance, it would seem rather
difficult to design a blade-row using an unsteady approach. In fact, a simplified analysis is essential for the design
mode, except in a few particular cases.
Th% second remark concerns the utilisation of a full 3D code in the general case of a multi-stage compressor or
turbine.
A fundamental question is to know whether or not, it is realistic to apply a full 3D method on a current wheel like on
an isolated one, i.e., without directly taking into account the influence of the upstream and downstream blade-rows.
In our opinion, the answer is negative mainly for two reasons: if the 3D flow is computed on a blade treated as an
isolated wheel (Fig. 4), the warping of the inlet stream surfaces coming from the previous blade is completely
neglected. (It should be noticed that the phenomenon is unsteady if the two successive wheels have a different
rotational speed). This is not acceptable because the effect of the inlet flow field distortion on the flow behaviour is
robably of the same order of magnitude as the internal warping in the blade passage of the considered blade-row.
esides, it is not easy to simulate the change of enthalpy and entropy due to the previous wheel.
A second reason is related to the problem of the bounSary conditions which are necessarily applied at the inlet and
the outlet of the calculation domain, namely, how to determine these boundary conditions, and how to verify the
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validity of the computed results ?

Consequently, it is, in our opinion, necessary to take into account all the biade-rows (at least one on each side of the
considered wheel) to obtain a valid full 3D flow computation. This rule leads to the following statement: in general,
full 3D flow involves unsteady flow. And moreover, the wheel blade numbers being usually different, the flow is not
periodic in each passage of a wheel like it is for an isolated row. Thus, it is necessary to compute the unsteady flow in
several blade passages of each wheel (see Fig. 5).

Therefore, the valid application of a full 3D calculation is, in fact, really complex and not as yet accessible for an
industrial use.

All these reflexions imply that simplified assumptions are necessary, especially from the design point of view.

The main simplifying hypothesis consists in assuming & tangential space averaged flow. This model, which
corre:gands to a mean axisymmetric through flow, presents two advantages:

a) if the rotational speed and the inlet and outlet conditions remain constant, the simplified flow is steady (it is
pointed out that is is always possible to add the unsteady effect, for instance, by taking it into account in the design
criteria);

b) the stream surface warping phenomenon is neglected and an a Froximation of the 3D flow is obtained by the
superimposition of the axis; etric mean through flow and the blade-to-blade flow on all axisymmetric stream
surfaces of the mean flow. These two sorts of flows (through flow and blade-to-blade flow) are essentially 2D in the
sense that each one uses two space variables.

Three remarks are important:

- The through flow model is very old but we have shown by the previous reflexions that it is still essential, especially
from the design point of view. This approach was the aim of an AGARD Working-Group (see [1)).

- This model corresponds mathematically to an infinite blade number and it is well defined from the reduction of 3D
Euler equations when all the tangential gradients are cancelled. The same approach using the N.S. equations is
more complex because several simplified hypotheses concerning the radial viscous terms have to be adopted.

- The mean axisymmetric flow concept involves all the average problems which were studied by an an AGARD
Working-Group (see {2]).

3.FULL 3D CALCULATION OF AN ISOLATED BLADE-ROW

An isolated blade-row is the only case corresponding to a steady flow in the relative frame (rotational speed, inlet
and outlet conditions have to be steady). Besides, since the flow is periodic in each blade-to-blade passage, it is thus
sufficient to compute the flow in one passage only.

A full 3D computation is now feasible with the existing large computers and it is possible to directly use the actual
3D approach to design a compressor fan or an inlet guide vane turbine.

Direct mode calculation

e optimization of a blade profile through a 3D N.S. direct calculation by using an iterative process is, of course,
theoretically possible but still very expensive. It is thus very interesting to examine the possible simplifications of
the viscous efﬁg:ts. The use of 3D Euler solvers (inviscid flow) is very efficient if there is no risk of blockage due to the
viscosity like in the transonic configurations. First of all, the improvement of an existing profile is easy to achieve.
Once one gains experience, only a few iterations are needed to modify several blade sections from hub to tip in order
to obtain an improved inviscid velocity distribution.
Ve? good results have been obtained on existing transonic axial compressors with small changes of the blade shape,
leading to a decrease of the overvelocity on the suction side.
The design of a very new blade profile is also feasible but the viscosity effects have to be taken globally into account
mainly for deviation, blockage and losses. A typical example of the design of a transonic fan with shrouds (Fig. 6)by
using a direct 3D Euler solver is shown in a SNECMA paper {3] (see also (4 and 5].
We would like to point out that there are now a lot of papers available on 3D Euler or N.S. calculations applied to
turbomachines [6 to 17], but they concern essentially the direct analysis. A special AGARD Lecture Series was
devoted to this subject {18].
The different ways to solve N.S. or Euler equations are analysed in the corresponding report for incompressible,
compressible, transonic and supersonic steady or unsteady flows. Of course, all these methods can be used to design a
blade profile via an iterative process.

Viscous losse simulations

though in the design approach, the use of 3D N.S. codes are very expensive, on the other hand, there is some risk if
the viscous effects are completely neglected. Thus it can be useful to improve the Euler solver by adding a viscous
losses simulation.
The body-force concept is quite old, and as proposed by Denton {19], it is easy to include in the unsteady Euler solver
a wall friction force in the momentum equation as follows:

v
%+DIV(pV®V+p)=f

The force can be directly related to the classical skin friction coefﬁcienﬂ f| = 4pV2Cr

The Cr value is given as constant or with a streamwise distribution. However, it has to be adjusted based on some
experimental data assuming that it remains valid for similar configurations. The force is applied to blade suction
and pressure side, hub and tip. Due to the numerical viscosity, an artificial entropy layer is created near the walls.
Its behaviour is similar to that of an actual boundary layer. (It is to be noticed t{lat the velocity on the wall has
decreased compared to the external main velocity, but is not equal to zero as in the actual viscous layer).

The results given by this very simple simulation are very interesting especially when the external velocity
accelerates or remains constant. However, if separations occur on the wall, the simulation is not realistic enough and
we suggest the following improvement: :

The dissipative force is in fact directly related to the increase of the momentum thickness || = 4 p V> dS/d€ d(81 +81).
Thus bK using the Von Karman equation and neglecting the skin friction if decelerated flows are considered, we can
write the following equation:
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We can also assume that H = H; +a M2, witha=0.4 and Hi =~ 2. X

So the force which must be appllied on the wall is related to the external Mach number gradient provided that an
estimation of the displacement thickness is known. This improved simulation has been included in the 3D Euler code
performed at ONERA [16], which is an extension of the 2D code. (Some details are recalled in section 2.5). The losses
simulation leads to realistic results. Some comgarisons with experiments are given on Fig. 7 and 8 where the
measured and calculated tangential averaged radial distributions of angles and total pressures are 'plotted. The Fig.
9 gives the detail of the main aerodynamic variable evaluations in the absolute and the relative-frame versus the
tangential direction for different sections from hub to tip. The complexity of the flow field is well illustrated on this
figure. The warping of the stream surface corresponding to the actual 3D effect, is shown by the tangential evolution
of the meriodional .

The occurrence of vortices result from the meridional and tangential angle distributions. More details on this simple
but realistic viscous losses simulation will be published soon by the author. The 3D Euler code including the losses
model has been recently used at ONERA to design a supersonic axial compressor fan with the following main
characteristics :

- Pressure ratio = 2 ; Inlet hub-to-tip ratio = .7; Tip speed = 415 mv/s.

Several isentropic Mach number distributions on suction and pressure sides are given on Fig. 10 for different rotor
blade sections. We notice that there is no over velocity and that there is a controlled deceleration. The desi%n of this
compressor is a ﬁart of a Chinese-French collaboration. The test apparatus is being manufactured in China in
1988/1989 and the experimental results are not yet available. The figure 11 shows the shape of the expected
streamlines on the rotor blade pressure and suction sides.

Inverse or semi-inverse mode calculation

e Inverse mode 1s quite an old concept which aims at avoiding the iterative process of the direct calculation design
mode. In theory, an inverse calculation code gives, as a result, the geometry of a blade corresponding to an assigned
pressure or velocity distribution on the profile. A great advantage is that the viscous effects can be directly included
via the boundary layer concept: the inviscid inverse calculation gives a profile which takes into account the
displacement thickness which Is determined from the assigned velocity distribution.
As specified later on for the 2D case, there are different kinds of inverse approaches. Besides, in the 3D approach, the
design procedure can be applied to the tip and the hub surface which are not necessarily axisymmetric.
The str.cking of the blade sections is also an important parameter especially for non-rotating blades. Thus the
application of the inverse mode is not so easy and that leads to some unsoned problems.

Full inverse mode (blade only)

e mean disadvantage of a full inverse calculation which gives the whole geometry of the blade profile is that the
shape and particularly the thickness is not known in advance. The profile could be unrealistic and, in fact an
adjustment of the assigned %essure distributions is needed. Up to now, no publication concerning a full inverse 3D
method has been available. We can well imagine that some codes will be proposed in the future, but certain problems
concerning their applications can be expected, especially for rotating b?ades where the radial thickness evolution
must be controlled accurately.

Semi-inverse mode

n the semi-inverse approach, the pressure distribution is assigned only on a part of the profile and thus certain
mechanical constraints such as the thickness can be taken into account. This technique which has already been used
in 2D flow, seems to be easier than the previous one. There are no apparent diﬂ?culties when imagining such a
method or the writing of the corresponding code but no paper has been published on this topic yet.
It is pointed out that this semi-inverse mode can also involve the design of the tip and hub shape.

Full optimization method
The optimization method is probably the most tempting way to design the whole blade-row (including tip and hub
shape) by using a full 3D calculation. This method is used for 2D flow {20).

It consists in det.ermininf by a direct analysis the influence due to an isolated variation of typical parameteis and/or
particular points carefully selected on the blade profile. Then, by using the matrix of the influence coefficients, it is
theoretically possible to determine the whole blade-row geometry corresponding to a desired pressure field. Of
course, it is rather difficult to carry out such a computation programme, but we are hopeful that some company will
take an interest in this topic in the near future.

4 - QUASI 3D DESIGN CALCULATION

The flow is assumed to remain axisymmetric. An aﬁproximation of the 3D flow results from the combination of the
mean through flow and the blade-to-blade flows which are computed on each axisymmetric stream surface. These
two sorts of tlow are study separately below.

4.1. Through flow calculation

Several remarks have to be recalled:

i)  Two main resulits are expected from a through flow calculation:
- The radial evolution of temperature, pressure and velocity triangles in the absolute and the relative frame,
particularly at the inlet and tﬁee outlet of each blade-row;
- The geometry of the axisymmetric stream surfaces, i.e., their radius and thickness axial evolution (see an
exemple on Fig. 12).

if)  The shape of the stream surface is closely connected to the losses and, most essentially the secondary effects.
They must thus be taken into account, even if only in a simplified manner.

iii) A throu:igh flow calculation can be considered as direct or inverse.
In the direct mode, the geometry of the blade profile is known. Its influence is simulated in the calculation
through the thickness and the mean angle variation in the relative frame inside the blade passage.
The mass flow is given (even indirectly). The radial evolutions of the total temperature and the total pressure
result from the calculation.
Different sorts of inverse mode can be imagined.
The axial location of the blade-row and its thickness distribution are usually given. The radial evolution of the
total pressure or the total enthalpy ratio is also given. If the losses are not simulated, the radial evolution of the
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efficiency must be given. The velocity triangles result from the calculation in the absolute and the relative
rame.
In both cases, the st=eam surface geometry is computed.

iiii) There is an important limitation conceminfhthe validity of the direct method application. In most cases, the
axial veloci!.ly remains subsonic, thus in the through flow model, the upstream flow depends on the downstream
conditions. This is not necessarily true for the actual flow if there is a supersonic region in the blade passage.
The phenomenon occurs for two typical configurations:

- Started supersonic relative flow at the inlet of the blade passage (supersonic compressor and turbine). If the
solidity is not teo small, the unique incidence phenomenon exists and the inlet velocity triangle is directly
related to the suction side geometr{ of the blade.

- Choked flow. Depending on the blade passage geometry (with a possible throttle) and the pressure ratio, a
sonic line followed by a supersonic zone can occur. (Transonic compressor, transonic and supersonic turbine),
For both cases, the inlet flow is not influenced by the downstream conditions and consequently, the mass flow
must be a result of the computation. Rigorously speaking, a through flow calculation is not valid for these
configurations but some modifications can be incorporated into the code in order to extend the validity domain.
Theoretically, the application of the inverse mode is not limited because the blade profiles are supposed to be
designed in order to correspond to the inlet and outlet velocity triangles for each sectian.

The steady 3D flow equation using the cylindrical coordinates can be written as follows:
®» Vo DV,

1 3 D(rvy)

p 5 T Tt
1ap DV,
P & - Dt

The mean through flow equations are deduced via the hypothesis d/d6 = 0,

Sev;ra:ll methods have been used to soive these equations, mainly finite-difference and streamline curvature
methods.

It is not possible to give here a complete list of the publications concerning this topic. An AGARD meting was
devoted on the through-flow calculations in axial turbomachinery [21]. A large bibliography was given by SEROVY
in(1].

For particular applications, it can be useful to use the radial equilibrium approach which is a simplification of the
through flow equations. By a combination of the previous equations, the following relation can be written:

2 , 2
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where Vg = tangential component of the velocity
Vm = meridional comFonent of the velocity
= meridional angle
m = meridional streamline radius of curvature

By using the Mach number instead of velocity, this equation becomes:
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where M, = axial component of the Mach number
B= tg'(Ve/Vp)

m

We can observe that if the radial evolution of the radius of curvature Ry, and the slope ¢ of the streamline are given,
this equation is independent of the axial coordinate. It can be directly integrated if the radial distribution of the total
pressure, the total temperature, and the tangential angle are given. Considering now the mass flow conservation, we
obtain two differential equations, for instance, in the following form:

where Z(M) = ratio of area on sonic area

iy, o

dr] dr2 dr,

Then, starting from a given station 1, it is easy to integrate these equations into a station 2. If there is no blade-row
between the two stations, we consider the conservation of RVg. If there is a blade, we consider the conservation of the
rot.halpy (CpT +w2/2 - ©2r2) in the relative frame, with some losse correlations concerning the efficiency.

This simple method can be used in direct or inverse mode. It very quickly gives a first approximation of the through
flow field. (It is to be noticed that its extension, which consists in determining iteratively the radius of curvature and
the slope, leads to the streamline curvature method).
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4.2 - Blade-to-blade calculation

The stream surfaces computed by the through flow calculation generall% offer a variable radius and thic’:ness. The
blade-to-blade calculation must then take into account these variatons. The cascade methods, which are strictly 2D,
are not valid for pructical applications. . .

We will now give a short overview of blade-to-blade calculations by considering separately the inviscid and the
viscous methods.

4.2.1 - Inviscid blade-to-blade flow calculations. As the methods described in the technical literature are
numerous, such a survey will necessarily be incomplete, and will only address the main families of methods.

DBirect calculation

We shall first review the direct methods currently recommended for blade-to-blade calculations in the following
configurations:

i) Subsonic conditions: the flow is subsonic throughout the whole field.

ii)  Supercritical conditions: the flow is quasi-subsonic throughout the whole field, with, at the utmost, supersonic
pockets which do not extend from the upper surface of a blade to the lower surface of the next blade; in this case,
the entropy variations associated with the passage through a possible shock wave can be disregarded.

iii)  Supersonic conditions: the supersonic area of the flow occupies at least one full section of an interblade channel.
In this area, recompression shock waves are more intense, and the corresponding entropy jump cannot be
disregarded.

There are essentially five categories of the blade-to-blade flow calculation methods; they differ by the numerical
techniques used.

Singularity methods

tngularity me s are based un the principle of the superimposition of potential flow solutions; the potential from
which the flow is derived is considered as the sum of elementary potentials corresponding respectively to:
- the basic uniform flow;
- sources, sinks or vortices located in adequately selected points of the flow fields.
The various singularity combinations proposed in the published literature are as follows:
(1) Singularities located within the blade contour; this method applies essentially to low camber blades [22]).
(2) Singularities made up of vortices located on the blade contour. These methods lead generally to more accurate
results than the previous ones. They were developed for flows in incompressible fluids, but can be extended to the
case of subsonic flows of compressible fluid, by the addition of sources and sinks in the inter-blade channels,
representing the compressibility effect [23, 24].
With such methods, the precision of the inviscid solution on the trailing edge makes it possible to determine the
direction of the flow issuing from the cascade, with the help of Kutta-Joukowski or an equivalent condition. This
condition can be easily introduced in the computation programme, This method offers an add:tional advantage: due
to its high degree of accuracy, it permits a fine analysis of high velocity gradient zone (in the vicinity of the leading
edge, for instance) which is important in view of the prediction of boundary layer transition. Its major drawback lies
in the fact that it is limited to the case of subsonic flows without shock-waves.

Methods based on the curvature of streamlines

reamline curvature methods are quite commonly used. Their starting point is a family of pseudo-streamlines
deduced, by similarity, from the profile geometry. The transverse pressure gradients are connected to the curvature
of these streamlines; a transverse velocity distribution is derived, and, by iteration on the continuity equation, the
shape of the streamline is changed until a convergence of the process is reached [25, 26].
The main advantaf%e of this method is the rapigity of the computation, also for subsonic compressible flows. For
transonic flows, difficulties arise because of the discontinuity of the streamline curvature at the shocks and because
of the ambiguity in the choice between a subsonic or supersonic solution. Another drawback lies in the lack of
accuracy in areas of strong curvature (leading and trailing edges). As a result, local velocity peaks are smoothed out
which limits the capability in predicted boundary layer behaviour.

Finite-difference or volume methods
1 necessary to distinguis ween methods where entropy is assumed to be constant, and methods where entropy
variations are taken into account.

A) Stationary irrotational flows

i) Relaxation method usin?l the stream function: the continuity equation allows definition of a stream function
which combined with the condition of irrotationality provides a second-order, non-linear equation for
comfressible flow. This equation is generally discretized in an orthogonal grid, by means of a scheme suite for
an elliptic :.iyg‘e problem (subsonic flow).

The finite-difference equation is solved by a relaxation technique [27] or by a matrix technique [28)].

This well-proven type of method is relatively fast and shows FOOd agreement with experiments. A second
advantage is the case of extension of these methods to rotational flow on non-cylindrical stream surfaces. The
major drawback is the necessity to specify the outled “low angle.

if) Relaxation methods using the velocity potential: this type of method has first been developed to calculate

tt)rearsox:’icil flow around isolated airfoils. However, the numg:r of references on this method are too numerous to
isted here.

The ambiguity between the subsonic and supersonic solution, when using a stream function hag been avoided
by the use of a potential function. However, this requires the assumption of irrotational flow. The continuity
equation provides a non-linear, second-order, partial derivation equation which is of the elliptic type in the
subsonic field, and of the hyperbolic type in the supersonic field. Discontinuous solutions can be adopted for this
equation although they do not satisfy the Rankine Hugoniot relations for shock waves. The methods
recommended in the published literature differ essentially by the discretization method adopted:
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- it is possible to use mixed discretization schemes, that is centered meshes in the subsonic flow, and eccentric
meshes in the supersonic field [28); with this method, it is necessary to subject to a special treatment the points
where discontinuities appear (shock waves), for the scheme to remain conservative;

- it is possible to put the scheme off center, systematically, by using a term of artificial viscosity; this type of
method leads generally to a conservative scheme [30];

- an original method [31] consists in using a discretization method of the finite volume type.

Numerical results obtained by this method are very satisfactory if the Mach number upstream of the shock is
only slightly supersonic. However, the use of a potential function makes it difficult to control the mass flow
through the flow channels (conservation problem) which puts a limitation to the prediction of choking.
Furthermore, the use of a potential function does not allow the application of these methods to rotational flow
on non-cylindrical stream surfaces.

iii) Pseudo non-stationary, isentropic method: the iterations of the relaxation method can be replaced by
introducing in the equations time dependent derivatives which do not necessarily have a physical significance.
The entropy is assumed to be constant in the whole field, even during transient periods, so that only the
stationary asymptotic solution has a physical significance [32].
While this method, which requires a longer computation times, has a more extensive field of application than
the previous methods, it is limited to the case of motions with only low intensity shock waves.

B) General solution to Euler equations under steady conditions

Until now, the problem raised by the mixed elliptic-hyperbolic nature of the Euler equations for steady transonic
motion with intense shock could only be solved by non-steady type methods. Here again, we find the characteristic of
the steady flow considered as the asymptotic state of a non-steady motion.
Such methods offer the great advantage of being applicable to any transonic flow; however, they require long
computation times for the asymptotic condition to be achieved. As far as cascades are concerned, the computation
time depends on rapidity with which disturbances get damped and disappear at the borders of the computation field.
As the asymptotic solution is the only solution retained, the intermediate states do not need to have a physical
;i]g'niﬁcance, and the non-steady terms can be modified in order to accelerate the achievement of the final solution.
ith these methods, shock waves are usually dealt with by means of a shock capturing method, with which they
aipear quite naturally, owing to the dissipative properties of the numerical schemes used (dissipative properties
which are either natural or reinforced by an artificial viscosity term).
While this technique is simple, it is not accurate enough as regards the description of shocks; these do not appear as
true discontinuities, but are somewhat spread out.
The use of a two-step calculation process [33, 34] offers the advantage of second-order accuracy.

Finite element methods

Finite element methods are of increasing interest for computations.

This method is based on an approximation of dependent variables in the form or polynomials, and on an integral
definition of the problem {35, 36, 37].

The benefits expected from technique are as follows:

- possibilitiy of giving an optimum design to the grid of the plane, especially by using curvilinear meshes;

- automatic treatment of natural boundary conditions;

- preservation of symmetry in the discretization of differential operators.

On the other hand, we risk increasing the computation time due to the complexity of the meshes used and to the
number of terms of the polynomials.

Methods of characteristics

As supersonic flows lead to equations of the hyperbolic type, one can think about calculating the supersonic flow
directly from the upstream boundary conditions. The field of dependence of each point is then defined by the
characteristics issuing from it.

This very classical problem is described in numerous references and the application to two dimensional or three
dimensional blades 1s described in [38] and [39].

The main difficulties encountered are as follows:

- the supersonic field must be perfectly well defined (fully supersonic flow), and upstream conditions (supersonic flow
or sonic line) must be known;

- only oblique shock waves can be taken into account, since the flow is subsonic downstream of normal shocks; and
the method is no longer applicable;

- the computation cannot be carried out unless the upstream boundary conditions are set. Thus, as regards turbine
cascades, the sonic line has to be calculated first, for instance by a method of series development {40]: in this case, the
subsonic portion of the flow is calculated by any method which can use the downstream boundary conditions as
defined by the calculation of the sonic region

For all these regions, the method of characteristics is only applicable to cascades with a well-defined minimum
section where the sonic line can be calculated in a sufficiently accurate manner.

In addition, the use of other computation methods suited to calculate the subsonic flow field increases markedly the
complexity to the computation process.

Inverse calculation

Improvement of the aerodynamic performance of turbomachine elements requires a correct tayloring of the velocity
distribution on the walls of this element since this velocity distribution determines the behaviour of the viscous
layers in which originate the losses.

Use of inverse methods is of great help in tayloring the velocity distribution and leads to the design of blades adapted
to any operating conditions,

Inverse methods defining blade geometries corresponding to a given velocity distribution on the walls are known for
many years [41,42] and have been widely used [43p.0 44].

However, use of these methods has some drawbacks:

- gre:t number of inverse methods can be used for isentropic flows only and are not well-suited for flows with strong
shock waves;

- they are usually, fully inverse, i.e., the velocity distribution is given on all the wall of the channel or the blades and
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quite often not realistic geometries come out of the computations, that most of the time do not satisfy requirements
imposed by non-aerodynamic considerations, .

Most of them apply to 2D flow fields only and are unable to take into account the change in stream tube thickness.

1t is quite impossible to give an exhaustive catalogue of the inverse or semi-inverse method. The main interesting

apers on this field are given in Ref. [20, 45 to 55].
geveral specialised meetings have been recently devoted on this topic [56, 57] and the corresponding publications

ive a very useful synthesis of the different inverse methods.
e will now recall a simple way to correct and to improve the velocity distribution on an existing groﬁ]e. This very

eneral method, based on the time marching Euler solution has been developed at ONERA [58, 59, 60].

ime marching methods are well-suited for the resolution of Euler's cquations and can be used for transonic flows
having both subsonic and supersonic domains, even with strong shock waves in-between. In direct mode, the
boundary condition on a wall consists in imposing the normal velocity equal to zero. All other aerodynamic values,
such as Mach number, pressure and temperature, are computed. At the opf:osite, in the inverse mode, we assign a
local static pressure and we compute all the other values by using compatibility relations.
This treatment gives a large choice of conditions that we must assign on the boundary of the calculation domain.
Passage from direct mode to inverse mode is easy and by taylorin% e boundary conditions, semi-inverse methods
can be used to satisfy geometric conditions, keeping unchanged for instance the pressure side of the blades and
smoothing out the velocity distribution on the suction side. In some other cases, the blade thickness law will be kept.
The mesh system has to be modified at each iteration and one should take into account the speed of displacement of
the l1'nes}:ies. Numerical tests have shown that if the final asymptotic flow only is researched, this correction can be
neglected.
A first solution consists in building the new wall using the flow angle computed at each boundary mesh. A second
solution, which is more rigorous, consists in moving the boundary mesh in order to annul the normal velocity
component.
Dire}:t). or inverse arrangement conditions do not present difficulties, i.e., semi-inverse applications can be imagined
on different walls in the computed field. An inverse condition can follow a direct condition on one or several walls.
The opposite is possible, but so far we have never needed it. An inverse condition can be assigned as a function of
linear or curvilinear abscissae, possibly reduced. Thus, many applications can be assigned; however, some remarks
should be considered.
It has to be emphasised, that during the whole computation the shape of the meshes must be continuous, otherwise a
divergence of the computations may appear. Thus if the initial mesh network is very different from the final one, a
special care should be taken for the evolution of the meshes.
In all the cases presented below, the meshed are displaced in the 8 direction only for sake of simplicity and gain in
computation time. Only small changes in the mesh system are then observed.
It has to be noted that for a given pressure distribution, there is not necessarily a corresponding blade.
Obviously, assigned pressure distributions must correspond to a physical reality. In particular, different cases can
happen at the junction between direct and inverse application: if the flow is locally supersonic, a jump in static
pressure is allowed (hosck wave or expansion); if the flow is locally subsonic, a smooth evolution between imposed
and computed pressures is required.
Another inverse application consists in determining the flow field corresponding to a given pressure distribution
assigned on a given wall geometry. This does not correspond to our definition of inverse mode and its treatment by a
time-marching code seems difficult.
Some typical applications are now analysed. In the case of the flow in a compressor or turbine blade cascade, the
computation domain is limited by the suction side A1F; and the pressure A2F3 of two adjacent blades (Figure 13) and
lines BjA} and B2Az upstream of the blades, F1C) and F2C3 downstream of the blades that satisfy the periodicity
condition, i.e., at two points Gy and Gz of these lines situated at the same distance from the cascade, all the
parameters have identical values.
The fully inverse approach consists in prescribing pressure distribution on lines A1F1 and AgF2, periodicity
conditions on Bj1Aj and B2Ag, as well as on F1C; and F2Cg, and determining the corresponding boundary lines.
Usually at the end of such a calculation, distance F1Fg differs from pitch AjAg, which means there exists no actual
blade that gives the prescribed pressure distributions. In fact, only one value of solidity corresponds to a closed
froﬁle for a given pressure distribution.

n practice, the adjustment of the cascade solidity (chord divided by pitch), in order to obtain a fixed blade thickness
at the trailing edge, can be obtained (a) by adjusting the cascade pitch during the time-marching process or (b) by
adjusting the pressure distributions.

An example of such a computation was reported in [59] for a turbine blade cascade. As shown in Figure 14, thisis a
high expansion ratio cascade and there was a non-regular pressure distribution on the suction side. Figure 14(a)
shows, by means of a broken line, the initial blade and the pressure side of the adjacent blade.

In order to improve the cascade flow, the pressure distribution shown by solid line in Figure 14(b), downstream of the
two arrows, was chosen (as a matter of fact, the pressure distribution on the pressure side was kept unchanged). The
blade shapes corres‘fonding to the modified pressure distributions are shown by solid lines in Figure 14(a). %he pitch
is sli&htly increased.

Another examgle is shown in Figure 15. This is a supersonic impulse turbine blade with a fixed solidity. The
pressure distribution on the suction side is fixed; on the pressure side, it is assumed that the pressure is constant and
its value is modified until a blade with satisfactory trailing edge thickness is obtained (remark: since the inlet and
outlet Mach numbers are supersonic, there is no pressure continuity between pressure side and suction side).

The solution is very close to case ITI of Figure l5(g).

A more realistic example is shown on Figure 16 where the pressure side velocity distribution was adjusted in order to
obtain a close profile with a non zero-thickness at leading and trailing edge. In fact whatever the process used for
ensuring the profile closure at the trailing edge, the shape obtained may not be realizable, the thickness being either
too large or too small, or even negative. However, it appears that, in most applications, one is mainly interested in
the pressure distribution over the suction side, which is the most critical as regards the boundary layer, for
compressors as well as turbines. This distribution is usually determined so as to minimise the losses due to viscous
effects. A particular attempt is made to reduce over-velocities and avoid separation. As regards velocity distributions
over the pressure side, they usually present nv particular risk.

A new method was developed in which the pressure distribution is prescribed on the blade suction side only, the
other one being obtained from geometrical considerations. A first application consists in prescribing the thickness
evolution. We thus directly obtain a profile correswnding to a given velocity distribution over the suction side and
huvindg the required mechanical characteristics. We shall note that, the profile being automatically closed, the
cascade solidity may be chosen in advance.
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However, a problem appears because two solutions can exist. Numerical experiences show that only solutions
corresponding to small deviations are stable. This is converient for most of the compressor cases but only for few
special turbine cases. .
Another semi-inverse mode consists in assigning, as geometrical re?uirements, the trailing edge thickness and the
geomet.ry of a more or less long part of the pressure side near the trailing edge. The initial part of the pressure side is
uilt using a continuous deformation. The pitch and axial chord are fixed. This technique gives good results for a
turbine cascade, but obviously the thickness evolution is not controlled. An example is given in Figure 17.
If inverse or semi-inverse calculations give the blade shape with correct pressure distributions, one should not forget
that it is impossible to assign values to all aerodynamic parameters. If the inlet velocity and blade surface velocity
distributions are prescribed, the outlet velocity (axial as well as tangential components) results from the
computation. If the outlet velocity triangle is also prescribed, then a few iterations are necessary in order to obtain
the corresponding blade velocity distributions.
Therefore, starting with an approximately correct blade shape, that already satisfies the downstream velocity
conditions, the semi-inverse method gives with few iterations a pressure gradient-wise optimized profile with the
same performance, Typical examples of inverse or semi-inverse sq?(g lications are given from the literature on Fig. 18
to 21 (ﬁORSMANN and SMIDT [54], SANZ [52], CEDAR and {20], JACQUOTTE [55)).

4.2.2 - Viscous blade to blade calculations. When it becomes necessary to take into account the viscous effects,
two ways are open:
&so.lve theda\)leraged N.8. equations (for instance {60]); this way is very expensive and probably not very useful (for

esign mode);

- use the coupling approach: the main flow is considered as inviscid, and the viscous effects are concentrated in the
boundary layers close to the suction and pressure side, and in the wakes. (It is to be noticed that the most recent
sophisticate cou}w]ing methods are e uivaYent to a N.S. solution, not needed for the main design applications).
Different kinds of coupling can usefuﬁy be considered. (For more details see [62]).
They depend on the one hand on the aim of the computation, and on the other hand on the flow pattern, according as
it comprises a separation or not, and as the flow is supersonic or not.
The perfect flow and the viscous flow computations can both be applied ejther in direct or in inverse mode.
Four kinds of coupling can be distinguished a priori. But we must recall that whenever a separation occurs,
boundary layer calculations have to be done in inverse mode.

Coupling method with an inviscid inverse flow computation

This problem corresponds to the design of the geometry, meeting imposed aerodynamic requirements. An inverse
mode perfect flow computation is applied. Two cases have to be distinguished, according to the kind of requirements.
1) We look for a given perfect flow behaviour. For instance, we assigned a pressure evolution (or velocity or Mach
number distribution) on the walls.

g‘éx)e choice of 8; as coupling frontier seems to impose itself, even though the other choices can be used a priori (Fig.

The perfect fluid yields the 8; limit streamline. The boundary layer calculation gives the 81 evolution, but it can
succeed only if there is no separation , else it is necessary to modify the assign velocity distribution and to resume the
process. The real geometry is easy to obtain by substracting the 8; thickness to the computed limit streamline. This
very classical kind of coupling has been used for a long time, particularly for all the cases where there is no risk fora
separation to occur.

2) We look for a given boundary layer behaviour. For instance, it is the case of flows where we want to avoid the
extended separation that may occur. Then we start with an inverse boundary layer calculation, that can even
comprises a rectricted separation.

From a given friction coefficient or shape factor evolution for instance, the computation yields both the velocity (or
pressure) distribution, used then as a data by the inverse perfect flow calculation, and the evolution of 8;. Therefore
the computation algorithm is represented on Fig. 23.

Then the wall geometry can easily be obtained. It has to be noticed that in the two cases, the problem is well set and
that no iteration is needed between the perfect flow and viscous flow computations. In practice, when taking into
account the technological constraints often imposed for blades design, these modes are applied just on parts of the
studied flow (semi-inverse design).

Coupling method with an inviscid direct flow computation

In this case, we have an analysis mode: an iterative process is needed to design a cascade corresponding to a desired
velocity distribution. The flow is computed in a cascade of well-known geometry, either when we give aerodynamic
conditions on the upstream and downstream frontiers crossed by the flow (mass flow, pressure, temperature and so
on), or when we ]ooﬁ for a given shock pattern (for instance, when we want to impose the position of a normal shock
in a supersonic cascade).

Important distinctions have to be done: whether there is a risk of separation or not, whether the perfect flow is fully
supersonic or not.

i)  Configuration without risk of separation
We use the coupling that associates the viscous an inviscid flow computations in direct mode.
The algorithm 1s as follows:
The iteration loop starts with given surface boundary conditions (i.e., conditions at or near the body). These
conditions are known from the previous iteration step.
An inviscid flow calculation provides a pressure tfistribution which is then fed into the boundary layer
calculation. This last condition furnishes new boundary conditions and the process is repeated.
It is clear that this method breaks down as soon as s.paration occurs since tiie boundary layer is always
computed in the direct mode.
We can notice that we do not need to use an iterative perfect flow, boundary layer computation process if the
perfect fluid flow remains fully supersonic. As a matter of fact, the inviscid fluid has an hyperbolic behaviour
and the boundary layer a paraboﬂz one. The computation can be done step-by-step, by directly solving the
coupling relation. This is easy to apply if the perfect fluid is treated by simple waves or by the characteristics
method (see some details in {63)).

ii)  Configuration with a risk of separation (direct-inverse coupling)
The boundary layer has to be computed in inverse mode if a separation occurs. According to the present
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Froeedure, the same displacement thickness distribution 81(x) (or the equivalent) is fed both in the boundary

ayer and in the inviscid flow calculations. Two pressure distributions p(x) for inviscid flow and px) for B.L.,

are thus obtained. (They coincide when convergence is reached). Here a new iteration cycle is started by

“guessing” a new 81(x) distribution from the "error” p(x) -_?(x). . .

Cgo‘xlxcerning the viscous flow, direct mode is rather used if the viscous layer is not separated and thin. Inverse

mode is used as soon as a separation occurs (or as the dissxfative flow is strongly unbalanced).

These kinds of coupling methods at the walls or on displacement frontiers 8;(x) have swen very interesting

applications, especially on cascades but some problems can rise when a shock boundary layer interaction

groduces a separation. . i i
asically, two cases can be distinguished according as the perfect flow near the reattachment (if there is one) is

supersonic or not.

For further details, one can refer to the synthesis done in [63) and [64] .

The condition downstream of reattachment point is not easy to obtain to a complex flow pattern.

It has to be noticed that in the case of a subsonic reattachment, depending on downstream conditions, in which

the coupling process does not lead to problems a priori, can be considered in two different ways:

- either a downstream condition (most frequently the static pressure) is given : then the separated flow location

will be a computation result. X

- or we impose the beginning of the interaction, and the inverse-inverse mode calculation gives the downstream

conditions. .

This last possibility leads to interesting applications, mostly in internal aerodynamics, when strong shocks

occur, because we often try to compute flow patterns corresponding to well determined locations of shock waves,

or supersonic blade cascades).

Anyway, those two methods are equivalent, as far as the description of different working points is concerned.

The three above coupling techniques are said to be explicit in the sense that the boundary layer and the inviscid

stream are computed in turn, the one after the other. Some supersonic methods were in fact implicit coupling

procedures, since in these methods the two streams were determined simultaneously (see [637). Extensions of

the implicit procedure to elliptic flows, with a view to obtain higher convergence rates, are now available.
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Fig. 2 - TRUE 3D FLOW
STREAX SURFACE WARPING PHENOMENON

Fig. 3 - UNSTEADY EFFET
AND NON PERIODIC FLOW

Fig. 4 - BLADE TREATED AS
AN ISOLATED WHEEL

Fig. 5 - STATIC PRESSURE FIELD AT A GIVEN
TIKE. NON PERIODIC FLOW
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PERFORMANCE PREDICTION FOR AXIAL-FLOW COMPRESSOR AND TURBINE BLADING

George K. Serovy
Department of Mechanical Engineering
Iowa State University of Science and Technology
Ames, Iowa 50011
United States of America

SUMMARY

The performance of compressor and turbine blading must be predicted in all of the levels of a conventional design
system, beginning in the preliminary design phase before blade row geometry has been defined. Because of this
requirement, many levels of complexity exist in both input and output of prediction methods, and alternative methods
exist within each phase of design.

A brief review of performance prediction problems and current selutions is presented. Because details of
equations and methods cannot and should not be included, references to original documents in readily available
sources are classified according to their place in configuration design and analysis.

It is concluded that both quasi-three-dimensional and three-dimensional computational methods have a
potential for future development in terms of configuration optimization. Additionally, it is concluded that
experimental data correlation is not dead, and that improvement potential exists in every area of the performance
estimation problem.

SYMBOLS AND NOTATION

blade section chord length

diffusion loading parameter

equivalent diffusion loading parameter

total enthalpy per unit mass

incidence angle, measured from tangent to camber line at leading edge
Mach number

total pressure

static pressure

radial coordinate

blade spacing

absolute velocity

axial coordinate

spanwise coordinate

angle between relative fluid velocity and meridional plane

blade setting angle (stagger angle)

deviation angle, angle between fluid velocity and camber line tangent angle at trailing edge
boundary layer momentum thickness

blade section camber line tangent angle measured from meridional plane
cascade solidity,c/s

blade section camber angle

average total pressure loss coefTicient

2
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Superscripts

( ) average value
* at minimum loss incidence angle

Subscripts

component in meridional plane
ax maximum
radial component
relative to rotating blade row

s 38

88  suction surface

x component in x-direction
z component in z-direction
[} tangential component

1 blade row inlet

2 blade row exit

INTRODUCTION

The subject of blade row performance prediction is reviewed in this lecture on the basis of the requirements of the
various phases of compressor and turbine design. Discussion is limited to aerodynamic performance, but it should be
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recognized that parallel prediction of stress and aeromechanical behavior must also occur. Performance prediction is
defined here as the estimation by experimental data correlation or by flow field computation of fluid turning
(deflection) and losses (entropy production) upstream, within, and downstream of the individual rows of rotating and
stationary blades in compressors and turbines. In addition, methods for setting design blade section incidence angles,
for predicting blade-to-blade passage choking, and for estimating stall margin should be recognized as part of the
performance prediction problem.

Figures 1 and 2 are representative schematic illustrations of several flow phenomena influencing performance.
Figure 1 has appeared frequently in papers on compressor aerodynamics, and Fig. 2 is a product of turbine
aerodynamic research. These figures indicate the genuinely complex nature of both types of flow field; fortunately
they are only schematic, and as drawn they exaggerate the secondary features of the flow. While the real flows are
both three-dimensional and unsteady and the secondary flows are the source of both undesired flow angle distributions
and entropy production, the “throughflow” velocity components Vi, and Vg in the “core” flow away from the wall,
corner, and wake regions-where secondary flows are concentrated-move the major portion of the mass flow rate. The
secondary flows disrupt and modify the “core” flow, but control and detailed accounting for secondary flow effects
remain in the area of final-development-level geometry adjustments. Major portions of all compressor and turbine
design systems do and will consist of design/analysis based on one-dimensional or two-dimensional (called quasi-three-
dimensional) flow models.

Figures 3, 4, and 5 summarize the basis for the linear cascade model, which is an element in all quasi-three-
dimensional design/analysis, and show the principal geometric and kinematic variables associated with the linear

de. The first ption basic to the linear cascade model is that computed stream surfaces of revolution can be
generated for a circumferential-average, steady relative flow, and that adjacent surfaces can be used to generate a
series of stream tubes of revolution in the hub-to-tip flow. The section of the blade intersected by two closely spaced
surfaces can then be used with the computed entrance and exit velocity and property values to define a linear cascade
of blades that can be used for performance prediction purposes and for experimental performance evaluation. This
model, of course, cannot account for many of the secondary features of the flow fields in actual blade geometries as
indicated in Figs. 1 and 2.

In subsequent sections of the lecture the requirements for and the present status of performance prediction
methods are described for each phase of the design process. At the end of these sections a classified list of references is
given, with more complete bibliographic information included at the end of the lecture text. References have been
listed which are both historically and currently important, and pearly all of those selected are believed to be readily
accessible.

PERFORMANCE PREDICTION IN THE THREE-LEVEL DESIGN SYSTEM: GENERAL COMMENTS

For prescribed overall design-point performance values, a new multistage compressor or turbine geometry is
normally designed in a three-level, iterative optimization process. These levels, as shown in Fig. 6, might be described
as follows:

1. Preliminary Design: Selection of possible stage design parameters and stage envelope geometry (hub and
tip wall diameters and stage length), tentative blade row solidity and aspect ratic values, and spanwise
velocity diagram estimates.

2. Quasi-Three-Dimensional, Throughflow Design/Analysis: Combined and iterative hub-to-tip velocity
and property distribution computation based on stations within and between blade rows to fix hub and tip
profiles, with initial blade row geometry definition.

3. Three-Dimensional Throughflow Analysis: Flow-field computation upstream, inside, and downstream of
individual blade rows to evaluate flow path geometry and locate flow-field problems. First-build
development blade row geometry is a product.

Requirements for performance prediction vary greatly between levels, and within a given level widely different
approaches are both available and used.

Preliminary Design

Although not every "new” compressor or turbine requires a true preliminary design phase, the information on
candidate configurations developed in preliminary design must be available before the second-level design/analysis
can begin. Preliminary turbomachine design answers the questions “What might work, and could the roughly defined
candidate geometries perform satisfactorily when integrated with other system (e.g., aircraft turbine engine)
components?”

In preliminary design there may be, in addition to specified design operating point conditions, some restrictions
on turbomachine outer diameter, length and rotational speed. However, no flow path or blade row geometry is known.
In fact, these items are not the objective in preliminary design. Many choices must be made on the basis of the
designer's experience. As a consequence any blade performance prediction criteria must be simple and based only on
assumed preliminary blade row geometric parameters such as solidity, chord length, and aspect ratio. Only the
simplest across-row velocity and property distribution calculations can be made, and these are often one-dimensional
(mean-line) or simple radial equilibrium computations.




4-3

Performance prediction for blading when there is no blading is limited to setting experience-based limits on row-
average or mean-line geometric and aerodynamic parameters. These limits are used to set trial design values for the
parameters, and the design values might be used with experience-based correlations to predict average blade-row and
individual stage performance.

Performance predicti(;n requirements for preliminary design initiated the development of diffusion limit criteria
that permit “safe” velocity diagram values to be computed. Examples are the Lieblein et al. (1953) and de Haller
(1953) compressor cascade diffusion parameters and the Zweifel (1946) coefficient for turbine blade row solidity.

Mach number limits, which might include axial Mach number as well as relative Mach number maximum levels
for individual blade rows, have increased substantially over the years, so that it is not a good idea to give currently
accepted numerical values. It is a good idea to recognize that M limits depend on the application and on the experience
of the designer's organization in development of high Mach number cascade geometries.

Minimum Reynolds number levels may be set, and in some cases manufacturing and damage-tolerance
considerations may set minimum acceptable values of blade dimensions.

Overall compressor and turbine performance prediction at the preliminary design level is usually carried out by
one-dimensional, mean-line calculations, again because of the lack of well-defined blade row information.

Quasi-Three-Dimensional, Throughflow Design/Analysis

The term “quasi-three-dimensional” has become the recognized designation for design or analysis calculation
methods that use two-dimensional approximations to the flows in hub-to-tip surfaces and in blade-to-blade surfaces.
Blade row performance prediction results are a part of the input to the hub-to-tip surface flow field solution. This
input is in the form of hub-to-tip distributions of quantities that determine flow direction and entropy for calculation
stations located in the spacing regions between blade rows, at stations corresponding to leading edge and trailing edge,
and at stations internal to the blade rows.

The hub-to-tip flow direction and entropy distributions described cai: come unly from a rather detailed knowledge
or assumed knowledge of the blade-to-blade flow. This knowledge, in turn, can come only from experimental
correlations of airfoil cascade data or from blade-to-blade surface flow field calculations capable of dealing with the
effects of compressibility and viscosity. An immediately obvious problem with an unmodified quasi-three-dimensional
analysis method is that it cannot, within its own structure, account for the secondary flows shown in Figs. 1 and 2 and
the corresponding potential for secondary losses. These effects can only be artificially introduced into the computation
system by flow angle and entropy production adjustments.

Three-Dimensional Throughflow Analysis

During the past ten years a few of the many turbomachine-oriented computation systems described by their
developers as three-dimensional have actually under close inspection been found to be three-dimensional. Of the few,
some are inviscid and can therefore only predict a very limited type of “performance” information. The three-
dimensional, viscous computation systems appear to have a long development period ahead, in which fluid shear stress
modeling and computation time reduction will play the same major part that they play in all computational fluid
dynamics applications.

VARIABLES AND PARAMETERS OF INTEREST IN BLADE ROW PERFORMANCE PREDICTION

Asshown in Figs. 1 and 2, in contemporary compressor and turbines the flow is viscous, compressible, and
unsteady in complex three-dimensional passage geometries I . ving relative motion of passage boundaries. When the
present state of fluid shear stress modeling and the nature of tue unsteadiness generated by varying blade numbers in
the alternatively rotating and stationary rows is considered, there seems little chance that completely defined and
correct compressor and turbine flows will be computed in the near future, thus finally solving the performance
prediction problem. In view of this the need is apparent for continued evaluation and reevaluation of performance
prediction based on the linear cascade model, with corrections arising from detailed experimental and computational
studies of secondary effects.

If we want to consider the cascade flow problem in the geometrically two-dimensional context, and in & thorough
manner, a list of the variables known to influence the experimental linear cascade model should be on hand. For this
lecture, the first list is based on the linear cascade model, and the second list includes the secondary flow generators
which can exist in finite length, finite-aspect ratio linear cascade test facilities, and do exist in compressor and turbine
blade rows. These flows do affect the cascade performance. The lists should also be considered in planning linear
cascade computational studies.

Linear Cascade Variables for Two-Dimensional, Steady-State Flow
Configuration {(geometric) variables
Blade section geometry

Camber line shape Chordwise location of maximum camber
Value of maximum camber (or camber angle)
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Thickness profile Distribution of profile thickness along camber line
Ratio of maximum thickness to chord length
Leading edge shape or radius
Trailing edge shape or radius
Manufacturing errors and tolerances
Surface finigsh

Stagger angle (angle between blade chord line and cascade axial direction)

Solidity
Flow Variables
Thermodynamic property characteristics of p, v, T relationship Isentropic exponent
working fluid Specific heats Other (e.g., water vapor content)

Viscosity characteristics

Entrance total pressure and temperature

Upstream flow angle measured relative to cascade axial direction

Mach number in leading-edge region

Reynolds number

Leading-edge region turbulence (intensity,scale, isotropy)

Incidence angle

Axial velocity-density ratio distribution (stream tube thickness variation)
Back-pressure (static pressure) ratio for started supersonic flow

All of the variables above are independent variables and are known to influence the dependent performance
variables associated with the entrance region, internal, and downstream flow fields.

The usual dependent variables and parameters considered to be of probable interest as measures of performance
are listed as follows:

¢ Leading edge plane angle distribution associated with average incidence angle

® Trailing edge plane velocity magnitude, flow angle and total pressure distributions with corresponding
averaged exit angle and loss coefficient; trailing-edge suction and pressure surface boundary layer thickness

parameters

¢ Downstream plane flow angle and total pressure distributions and averaged parameters (including "mixed-
out” values)

® Blade surface static pressure distributions

® Shock wave characteristics (in supersonic flow regimes) in leading edge region, trailing edge region, and blade-
to-blade passage

® Velocity magnitude, fluid angle, and pressure fields in blade-to-blade passage

There is also a long list of additional variables generally accepted as influencing the secondary flow and
secondary loss patterns in the three-dimensional geometry of the compressor turbine blade.

Three-Dimensional Flow Generators

Aspect ratio-dihedral and sweep-related variables
Spanwise chord length distribution
Spanwise stagger angle distribution
Stacking axis shape and location in sections
Spanwise variation in blade thickness

Blade tip clearance and tip shape

Hub fillet shape or radius

Spanwise variations in entrance velocity
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CURRENT STATUS OF PREDICTION METHODS

Preliminary Design

Performance estimates during preliminary design are invariably derived from experience with existing cascade,
compressor, or turbine configurations. In the rough definition of possible geometries it is typical to select limiting
values of diffusion, or blade row and stage “loading” limits. A good example of such a limit is the original Lieblein
(1953) diffusion parameter

\4 AV@
-+ —
vV, 2V,

X

D=1

which was derived as a means for predicting the onset of excessive profile loss coefficients:
woiths
Pi-p

For two-dimensional low-speed linear cascades of NACA 65-series airfoil sections, an upper limit of D = 0.6 was
indicated, but for subsonic compressor blade rows also consisting of NACA 65-series sections, limits suggested were

D = 0.45 for rotor tip region at Mre1 < 0.75,
D = 0.55 for rotor mean and hub regions,
D = 0.60 for stator sections at Myej < 0.75.

These values are given here because for the blade sections and conditions used in the original correlation, they
could be considered as valid today. The parameter D was rapidly modified to account for radius change, and as airfoil
profiles were developed for transonic relative flows the idea of limiting values with an associated limit on relative
Mach number was revised. It is a fact that values of the D parameter, with modifications, continue to be used as limits
in preliminary design and continue to be routinely calculated in most compressor data reduction programs. The
Lieblein D contains the deHaller (1953) diffusion ratio as the second term.

A turbine blade loading parameter of corresponding character and stature is the Zweifel (1946) “tangential lift
coefficient,” normally used in setting initial blade row solidity levels Wilson (1984) gives a clear explanation of the
use of the Zweifel criterion.

Additional diffusion- and stall margin-related parameters used primarily in the preliminary design phase have
been developed and are supported by data correlations. Useful examples for both compressor and turbine applications
are listed at the end of this section.

In a second phase of preliminary compressor and turbine design, the limited geometry and velocity diagram
information established for candidate designs is used to predict performance maps. This process usually is based on
one-dimensional stage-by-stage calculations in which correlations of data relating to various categories of “loss” and
effective passage area blockage due to end-wall *boundary layers” are used. In this area alternative methods existin
the literature for both compressors and turbines, and these methods continue to be developed because they are vital to
cycle analysts and control designers.

Quasi-Three-Dimensional, Throughflow Design/Analysis

In this design system phase the blade performance input to a through flow (hub-to-tip computation surface)
calculation is updated in successive runs as more and better information about the cascade (blade-to-blade) surface
geormnetry and flow field is determined. Figure 7 shows the computing station locations used in one variety of hub-to-
tip computation code. All of the variables and parameters listed for two-dimensional, steady-state linear cascade flow
become relevant for this situation as the compressor or turbine geometry is more thoroughly defined. In addition,
some of the secondary flow and loss effects can be approximated by correlations as the computation advances.

For both compressors and turbines, data correlations and/or blade-to-blade surface flow field computation
methods for performance prediction have demonstrated capability at this level. Data correlations have resulted from
linear cascade experiments and from single- and multi-stage test programs. For compressor blading, recent work on
inviscid-viscous interactions codes and on Navier-Stokes solutions has improved in terms of both turning and loss
prediction. In turbine blading, where surface pressure distributions from inviscid blade-to-blade computation can be
valuable in airfoil section improvement, numerous Euler and Navier-Stokes computation systems have been used for
blading definition.

The blade selection or design problem at this level is to specify, for a known blade leading-edge region flow, a
cambered airfoil section and cascade solidity, set at a stagger and incidence that will produce the necessary exit
velocity direction and magnitude. Data correlations are available for selection of cascade geometries in subsonic and
transonic cases, but in most current design studies, especially of high-performance transonic and supersonic blade
rows, arbitrary airfoil sections are determined by either iterative airfoil analysis or inverse airfoil design computation.
Because these computations generally determine an equivalent linear cascade, the question of how to relate velocities
and airfoil geometry in the equivalent linear cascade to the corresponding stream surface intersection velocities and
airfoil section is important. One widely accepted procedure is shown in Fig. 8.

—_— -
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Fluid turning and loss prediction in quasi-three-dimensional methods are based on relatively complete input.
Data correlation-based end simple flow model methods usually include a basic trailing-edge deviation angle
prediction, possibly supplemented by hub and tip region adjustments. They also normally contain estimation methods
for three classes of loss. These are the profile and wake-mixing losses due to suction and pressure surface boundary
layer develop t with ting for trailing-edge thickness; a shock loss prediction based on a simplified shock-
wave model; and a one- or two-element loss increment prediction accounting for entropy production due to secondary

flows.

Representative types of profile loss correlation for compressors are those based on an "equivalent” D-parameter
such a8 the initial Deq of Lieblein (1959) as shown in Fig. 9, where a trailing-edge momentum thickness parameter is
plotted as a function of Deq Where Degq is proportional to a blade suction surface velocity diffusion ratio Viyex s8/Va.
This correlation parameter concept, again initially developed for a data base consisting of a limited range of subsonic,
two-dimensional cascade experiments, has subsequently been revised and its application extended to a wide range of
compressor row geometries and flow conditions. Presently a variety of parameters called Deq exist, among which the
Koch and Smith (1976) variant may be the most widely used.

For turbines, there are also a number of blade-surface velocity diffusion parameters now in use that frequently
derive from the data correlation proposed by Stewart, Whitney, and Woag (1960).

Shock loss modeling for compressors has developed from the simple normal shock model of Miller, Lewis, and
Hartmann (1961) to more advanced models accounting for the three-dimensional nature of the wave pattern such as
the method of Wennerstrom and Puterbaugh (1984).

The secondary loss correlation scene for both compressors and turbines in quasi-three-dimensional
design/analysis can only be presented by indicating the variety of approaches described in the reference list.

Performance prediction by flow field computation for both compressor and turbine linear cascade geometries has
become a reality during the last ten years, after a long period of advertised solutions having no useful results. In the
compressor case the successive papers of Calvert (e.g., 1982 and 1983) show the nature of recent results. Similarly for
the turbine case several groups have shown substantial results. In both the compressor and turbine computations, it
should be understood that only linear cascade cases have been published, with consequent limitation to predicting
“equivalent” cascade turning and loss.

A major contribution to blade-to-blade computation improvement has come from realistic boundary layer
development prediction. Figure 10 is a “flow chart” for two-dimensional boundary layer development, and it is now
understood that all of the eccentricities of the developing layer can and do occur in compressor and turbine blade rows.
Simple models of characteristics such as transition length (Roberts 1975), as well as detailed in-row measurements
(Hourmouziadis et al. 1987), have become extremely important in recent improvements in loss and turning prediction.

As shown in Fig. 7, all modern hub-to-tip surface flow field computation codes include computing stations
between the blade row leading and trailing edges. At each of these locations there must be an input of &
circumferential-average relative flow angle and an entropy value. Until recently these inputs were based on
arbitrarily assumed distribution functions between the leading- and trailing-edge stations for each stream surface.
The generation of in-row data by laser anemometry and to a limited extent by computation has now changed
distributed-deviation and distributed-loss prediction to a more rational basis.

Three-Dimensional Throughflow Analysis

In the past decade, understandable and computationally attractive three-dimensional flow analysis codes have
become a genuine contributing factor to compressor and turbine development. In AGARD Lecture Series 140 &
number of survéy papers showed the status of this subject in 1985 and more recent referenced publications show
continued progress. Certainly, qualitative features of both compressor and turbine flows as shown in Figs. 1 and 2
have been duplicated by three-dimensional computation,

Classification of References
Preliminary Design

Development and selection of aerodynamic limits for design:

Carchedi and Wood 1982 Lieblein, Schwenk, and Broderick 1953
deHaller 1953 Schaffler 1980
Diakunchak et al. 1985 Schweitzer and Garberoglio 1984
Gostelow (1984) Wilson 1987
Koch 1981 Zweifel 1946
Koch and Smith 1976

One-dimensional performance prediction and related correlations:
Casey 1987 Horlock and Lakshminarayana 1973
Craig and Cox 1970-71 Kacker and Okapuu 1982
Dunham 1970 Lakshminarayana and Horlock 1963
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Farokhi 1988
Griebetal. 1975
Horlock 1960

Peacock 1983
Wilson 1984

Quasi-Three-Dimensional, Throughflow Design Analysis:

Design/Analysis by quasi-three-dimensional codes-application

Boyle, Haas, and Katsanis 1985
Calvert, Ginder, and Lewis 1987
Cetin et al. 1987

Crouse 1974

Dunker et al. 1984

Ginder and Calvert 1987

Grahl 1977

Horlock 1971
Moustapha et al. 1987
NATO/AGARD 1981
Stow 1985

Sullery and Kumar 1984
Wennerstrom 1984

Correlation development and related experiments-profile and shock loss models-turning

Citavy 1987

Denton 1973

Denton, Cumpsty 1987
Dunker 1987

Howell 1964

Klein 1977

Lichtfuss and Starken 1974
Lieblein 1959

Lieblein 1960

Lieblein 1965

Blade profile improvement

Behlke 1986
Hobbs and Weingold 1984
Huffman and Tramm 1974

Allowances for three-dimensional effects

Adkins and Smith 1982

Bardon, Moffat, and Randall 1975
Gregory-Smith 1982

Papailiou et al. 1977

Miller and Wasdell 1987

Miller, Lewis, and Hartmann 1961
Papaliou 1975

Prince 1980

Schreiber 1987

Serovy 1978

Traupel 1973

Wennerstrom and Puterbaugh 1984
Xu and Denton 1988

Kiock et al. 1986
Serovy and Okiishi 1988

Robbins et al. 1965

Roberts, Serovy, and Sandercock 1986
Roberts, Serovy, and Sandercock 1988
Smith 1970

Prediction by blade-to-blade computation-boundary layer methods and data

Bradshaw 1974

Calvert 1982

Calvert 1983

Davis, Hobbs, and Weingold 1988
Hansen, Serovy, and Sockol 1980
Hoheisel et al. 1987

Hoheise! and Seyb 1987

Hourmouziadis et al. 1987
Roberts 1975

Sanger and Shreeve 1986

Stewart 1955

Stewart, Whitney, and Wong 1960
Stow 1985a

Three-dimensional, throughflew analysis—experiments on secondary flow effects

Breugelmanset al, 1984

Denton 1985

Dong, Gallimore, and Hodson 1987
Gallimore and Cumpsty 1986
Gallimore 1986

Karadimas 1988
Lakshminarayana et al. 1988
McNally and Sockol 1985
Northall et al. 1987

Peacock 1983

Pouagare and Delaney 1986
Povinelli 1985

Sharma and Graziani 1983
Sharma and Butler 1987
Sieverding 1985

Sieverding 1985a

Sieverding 1985b

Smith and Yeh 1963

Wisler 1985

Wisler, Bauer, and Okiishi 1987

CONCLUSIONS

This lecture makes the following major points:

1. Performance prediction is defined here as the estimation of turning and entropy production (loss) due to
blade row flow fields, selection of incidence angle, and estimation of choking and stall margins.
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2. Many sources of loss and turning rate variation are three-dimensional in nature and cannot be related to the
“equivalent linear cascade” cut by a stream surface approximation predicted in a quasi-three-dimensional
throughflow solution.

3. Even though point(2) is true, there is still value in many old as well as contemporary performance prediction

techniques as utilized in all levels of a typical compressor or turbine design system. Data correlations and
the experimental support for them should continue to be an important element of research and development

programs.

LIST OF FIGURES

Fig.1.  Compressor blade row flow field characteristics (NASA-Lewis Research Center).

Fig.2.  Turbine blade row flow field characteristics (NASA-Lewis Research Center).

Fig.3a. Definition of annular cascade arrangement.

Fig.3b.  Definition of linear cascade arrangement.

Fig. 4. Typical blade section profile terminology.

Fig.5. Typical linear cascade terminology.

Fig. 6. Structure of a design system for axial-flow turbomachines.

Fig. 7. Hub-to-tip computation results for a quasi-three-dimensional design/analysis method showing typical
computing stations.

Fig. 8. Definition of the linear cascade projection for a computed stream surface approximation (from Starken-
DFVLR).

Fig.9. Example correlation curve for profile loss parameter.

Fig.10.  Course of the boundary layer (from J. M. Robertson).
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BLADING DESIGN FOR MULTI-STAGE HP COMPRESSORS

Professor P. Stow
Chief of Theoretical Science
Rolls-Royce ple
P.0. Box 31
Derby
DE2 8BJ
UK

Summary

In this paper the subject of computer aided turbomachinery blade design is discussed with the
emphasis on the mathematical models that are needed in order to account for the important physical
phenomena. The various aspects of a typical blade design system are presented covering through-flow
and blade-to-blade analysis.

The through-flow discussion covers aspects such as linked through-flow-blade-to-blade analysis,
blade loss models, end-wall boundary layers, secondary flow analysis and spanwise mixing models.

Blade section design using mixed design and analysis methods is covered together with loss prediction
using coupled inviscid boundary layer approaches. Limitations of the coupled approach are discussed to-
gether with the emerging role of Reynolds averaged Navier-Stokes methods aimed at removing these
limitations,

The need for fully . ree-dimensional methods is covered together with their incorporation into
the design system.

Finally areas for future development and application are discussed.

1.0 Introduction

Turbomachinery blading components are designed with the aid of theoretical methods and computer
programs. If one is to have confidence in achieving design targets in practise using these methods then
it is essential that the mathematical model employed adequately describes the physical processes involved.
However, the flow in a turbomachine is very complex. There are rotating and non-rotating components.

The blade geometries are three-dimensional with the sectional geometry and blade stagger varying from hub

to tip. There are boundary layers on the annulus walls and blade surfaces, wakes from the trailing edges
of the blades, over-tip leakage flows etc. Consequently the flow is unsteady, three-dimensional and has
regions where viscous effects are important. The solution of the full equations of motion with the full

boundary conditions represents a formidable task from both a computational and modelling point of view.
As a consequence approximate models of the flow are adopted.

Many blade design systems are based on the work of Wu (1952) using quasi-3D through-flow and blade-to-
blade programs, see Fig. 1. In this approach sections of a blade are designed on isolated axisymmetric
stream-surfaces using a blade-to-blade program with information from a through-flow program being used to
define the geometry of the stream-surfaces and the stream-tube height variation as well as to provide the
inlet and outlet flow conditions to be achieved, The different types of blade-to-blade methods available
will be discussed later together with models for loss analysis. Once the blade sections have been design-
ed they are stacked radially and circumferentially to produce a three-dimensional blade geometry taking
into account aerodynamic or mechanical constraints.

With such a design system and the models adopted there are a number of phenomena that cannot be
accounted for, for example stream-surface twisting, the three-dimensional nature of the blade surface
boundary layers, blade-annulus boundary layer interaction, blade over-tip leakage flows etc. In some
cases valuable information about the effects of features such as the annulus geometry and blade lean can
be assessed early in the design process using linked through-flow and blade-to-blade methods and this will
be discussed later. However, many of the flow features can only be analysed adequately using fully three-
dimensional methods; how such methods are linked to the traditional design system will be covered later.

Additional features not accounted for in the traditional blade design system are associated with the
unsteady nature of the flow e.g. the effects of incoming wakes, blade row interaction from upstream and
downstream blade rows etc, These effects can be important with regard to blade performance and blade row
stability and the development of models to include the main features will be discussed in later sections.

2.0 Through-Flow Analysis

In the through-flow calculatijon the flow through a number of stages is considered. The flow is taken
as steady in an absolute coordinate system for a non-rotating components and in a relative coordinate
system for a rotating component, As a consequence the detailed effects of blade wakes and unsteadiness
are ignored. The three-dimensional equations of motion are usually reduced to a two-dimensional form
either by assuming fully axisymmetri~ flow or by adopting a passage-averaging (or mean stream-sheet
approach}. In the former only calculations outside the blade rows are performed and assumptions need to
be made as to how stream-surface properties needed in a blade-to-blade calculation vary through the blade
row T ke pamenge.autoogirg to t-ique the equations within the blade row are integrated in the circum-—
ferential direction to produce equations for averaged quantities; in this way the effects of the blade,
in terms of blockage, stack and boundary layer losses, on the through-flow can be accounted for.
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For steady flow in a relative co-ordinate system the three-dimensional momentum equations are

W.W + 20AW - 2°R = —%Vp + E

wh.re W is the relative velocity vector and & is the blade speed and F
to simulate losses through the blade row. The passage averaged form

(1)

is a dissipative forc. 1ntroduced
of the equation is

aw av
~ - 3 -
W, X a = - é ® + F + F =P (2)
X ax R 3r 5 ax By iy X
aw AW -
W ——R+W —-é(WH'IR)l:-_iEEQ,FB + F —PR {3)
X xR ar R v 3R R R
and . - .
W IwW w
i 2.0 2. Bagsem = Fp + B -By (4)
X ax R 3R R ] s i
where "-" denotes a passage averaged value and "~" denotes a density weighted passage average: EB is the

blade force and P involves averages of product of perturbations from the means, see Jennions and Stow

(1984) for more details.
The continuity equation is
V.oW = 0

which after passage averaging becomes

3 —~ 3 R

> (BRDWX) * 3R (BRDWR) = 0
where

512"_%

wherc N is the number of blades and t is the blade thickness.

(5)

(6}

(7}

The above equations (2), (3}, (4) and (6) together with an energy equa ion _an be solved using a
number of technigues e.g. streamline curvature, matrix through-flow, time-marching or finite elements.

Figure 2 illustrates the information flow in such 2 quasi-3D through-flow system, see Jennions and

Stow (1984) and also Hirsch and Warzee (1978) for more details.

The stream-tube height and streamline radius variations through a blade row are affected by the blade
geometry, i.e. blockage, turning and stack, as well as the annulus shape and consequently account needs to
be taken of these. In the early stages of a design the effects are often included in an approximate
manner with the system depicted in Figure 2 being used in the later stages once blade profiles exist.

Fig. 3.1 shows results from the quasi-3D system developed by Jennions and Stow (1985) for the high pressure
turbine nozzle guide vane shown in Fig. 3.2. It can be seen that good agreement exists with the experi-
mental data. The linked analysis was inviscid with no account being taken of losses in either the through-
flow or the blade-to-blade calculation. Further results from the system are shown in Jennions and Stow
{1984) for a different stack of the blade sections in Fig. 3.2. It should be mentioned that the secondary
flow deviations, i.e. the flow over-turning and under-turning associated with passage vortices, are not pre-
dicted with such a coupled system unless some specific account is taken of the secondary flow; this will

be discussed later.

The coupled analysis discussed by Jennions and 3Stow has been extended to include various blade-to-
blade programs available so that analysis of fans and subsonic and transonic compressors and turbines is
possible. The fan analysis system follows closely that developed by Calvert and Ginder (1985} in which

blade profile, mixing and secondary losses are included,

In order to provide an adequate description of the real flow it is necessary to supplement the above

analysis using a number of models; these are discussed below.

2.1 Blade Loss Model

One commonly adopted procedure for accounting for viscous losses through a blade row is to include a
dissipative force F in the equations of motion, as in equations (1), and relate this to entropy

production,
It can be shown that
tW.VS = WV - W.F

where [ is the rothalpy defined by

I=CL+4%W -%q R?

(8)
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t being the static temperature. For adiabatic flow the energy equation is taken as

WYl = 0 (9)
so that

wW.E = -t w.98
If in addition the dissipative force is taken to act in the streamline direction i.e.

F =F_ s (10)

x 2
then it follows that

3s

Foo=-t3
Assuming that perturbation terms are negligible this gives

Po= ot 2 (11)

T 3s
from which the three components can be found for use in equations {2), (3) and (4).

The distribution of entropy through a blade can be obtained trom a blade-to-blade analysis.
Alternatives are to use loss correlations or to use experimental dat e form of loss-incidence
curves for particular blade designs.

An alternative procedure for modelling the effects of the blade loss.. is to use the blade surface
boundary layer displacement thicknesses in the form of a blockage in the through-flow calculation. For
example, equation (7) becomes

B=2n-N2(tss*assr) (12)
R s P

where §* and §* are the suction and pressure surface displacement thicknesses. In this way the effect

of the wake development downstream of the blade trailing edge can be accounted for. Note, however, that
it will have to be assumed that the flow is circumferentially uniform by the leading edge of the following
blade row.

Even with the blade boundary layer blockage model it is usual to account for any additional end-wall
or secondary flow losses using the dissipative force model, see Calvert and Ginder (1985).

2.2 End-wall Boundary Layer

The usual manner in which the effects of the end-wall boundary layers are included is to calculate
the boundary layer development using an integral method and represent the effects using a displacement
model. In this the annulus is altered by the displacement thickness of the boundary layer and the
inviscid flow calculated within the modified geometry.

The governing passage-averaged equations can be derived in a manner similar to that in Section 2.1.
The boundary layer equations are first written in terms of a local meridional streamline co-ordinate
system with the usual boundary layer assumptions that only gradients normal to the meridional direction
are retained in the viscous terms. The equations can then be passage averaged by integrating from one
blade to the next (skin friction effects on the blade surfaces being ignored). For example the momentum
integral equations become
dq
1 4d me
Eﬁ; am [BRbpe onmm] * peQe6; dm

sin (13)

-p R_b (02999”']99 Qe66) =F + (tm)w + P
dw,
1)
1 d e
BR, am [BRbpeofeQQm] * 280 g

¢em

sin Ay (14)
e Rb Qe (Qeem * 94 55) = FQ M (19)W * PQ
] e

where m is the meridional co-ordinate see Fig. 4 Ry is the radius of the annulus, B is given by equation
(7), Fp and Fg are the components of the blade force defect and represent integrals through the boundary
layer of differences of the blade force from the value at the edge of the bounda-y layer; 1, is the ~all
shear stress, P, and Pg represent perturbation terms, Q is the absoluce velocity given by
JE 3 2
Q"-qm*qg
W is the relative velocity and the subscript e denotes quantities at the edge of the boundary layer; it

should be noted that the "~" notation has been dropped in the above equation. Appendix A gives the
definitions of the momentum and displacement thicknesses.
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The entrainment equation becomes

d
= [BRbae(qme 8-q 82)] = BRp Q.Cp (15)

It can be seen that in cases where the effects of the hade angle A can be ignored the two momentum integral
equations become uncoupled. If in addition the effects of averages of products of perturbations are
ignored i.e. Py = 0 = Pg, and the blade force is taken as constant through the boundary layer

i.e. Fp =0 = FG‘ then particularly simple forms result. For example equation (13) becomes

dqme

14d
5 an [Bo 9.0, ] + P Qg% —= = (x ), (16)

see March and Horlock {1972). This egquation can be solved together with the entrainment eguation (15)
assuming the usual two-dimensional boundary layer correlations to apply in the streamwise direction.

More sophisticated treatments including the effects of the blade force defect and cross-flows in the
boundary layers are given for example by De Ruyck and Hirsch (1980) and De Ruyck, Hirsch and Kool (1979);
see also Le Boeuf (1984).

2.3 Mixing Models

The effects of the mixing of various leakage flows, e.g. disc leakage, over-tip leakage, and of
various ejected cooling flows needs to be taken into account in the through-flow analysis. As well as
being a source of loss they can also affect the distribution of flow quantities, e.g. total temperature,
pressure, whirl velocity, which are obviously important in determining the inlet flow conditions for
the following blade rcw.

One approximate manner of accounting for the effects is to perform a simple mixing calculation, for
example one-dimensional mixing in stroam—tubes assuming the ejected flow, in terms of mass, momentum and
energy, to bedistributed radially between the stream-tubes. So for example the distribution of ejected
mass flow may be taken as

n(R) = M_.£(R)

where M, is the total mass flow ejected, f(R) being a chosen distribution function with the constraint
that

IRtip

R R.f(R) dR = 1
hub

2n

The distribution function may be chosen using experimental information or using a more sophisticated
viscous calculation to analyse the configuration. In theory the model can also account for axial mixing
effects by making f a function of axial distance.

An alternative model to account for the effects of over-tip leakage is given by Adkins and Smith
(1981). In the case of an unshrouded blade they calculate secondary flow vorticity based on the model
of Lakshminarayan and Horlock (1965) and use this in a secondary flow calculations to determine secondary
flow velocities, see later.

2.2 Secondary Flow Mode!

A quasi-three-dimensional blade design system assumes that stream-surfaces through a blade row are
axisymmetric. In addition in calculating blade profile losses it is assumed that the boundary layer
develops on the blade surface in a two-dimensional manner i.e. craoss-flows in the boundary layer are
ignored. In practice the stream-surfaces twist as they pass through the blade row so that there is flow
through the blade-to-blade surfaces used, also boundary layers will be three-dimensional in nature. In
addition the annulus end-wall boundary layer will separate near the blade leading edge to produce a horse-
shoe vortex. The pressure side leg of this vortex tends to move across the passage and interact with the
suction side leg; the blade surface boundary layers are also affected by the end-wall interaction, the
extent being determined by the aspect ratio of the blade.

Secondary flow is a term often used to encompass all the three-dimensional effects mentioned which
are not included in a quasi-three-dimensional approach. These effects give rise to additional or secondary
losses as well as affecting the distribution of parameters such as total pressure, whirl angle etc., at
exit to the blade row.

Secondary losses are usually accounted for in the through-flow analysis using a dissipative force
model together with correlations or experimental experience. One simple way of attempting to account for
the effects on the mean passage whirl angle is to use a distributed deviation cn the predicted blade-to-
blade flow. An alternative is to use inviscid secondary flow theory, see for example Lakshminarayan and
Horlock (1973), Came and Marsh (1974) and Smith (1974). In this the quasi-three-dimensional through-flow
is taken as the primary flow to convect inlet vorticity in the end-wall boundary layers giving rise to
streamwise vorticity at the exit to the blade row; the effects of the secondary flow on the primary flow
are assumed small. For example with the Came and Marsh theory the streamwise vorticity Esec at exit to
a blade row is given by

14

cos a, n,

sec 8, {a, ~a ,+%(8in2a,-8in 2a,) | (17}

.
cos a, cosa, .cos a,




where £.  and En are the inlet streamwise and normal vorticities and a,, and a, are the inlet and exit
whirl ahéles. 'It should be noted that the above model is derived for incompressible flow in a linear
cascade, where the primary flow is irrotational, but can be extended, as can that of Smith, to include the
effects of compressibility, radius change and blade rotation, see James (1981).

Once the distribution of exit streamwise vorticity is kncwn the secondary flow velocities can be
determined by solving the continuiiy equation in terms of a secondary flow stream-function. For example
for incompressible flow the stream-function y satisfies

aty 3ty
= 18)
E LA T Csec ¢

see Fig. 5 for the co-ordinate system and Appendix B for details of the analysis.

The results produced from inviscid secondary flow models are very dependent on the inlet conditions
assumed, especially the inlet streamwise vorticity. This is particularly important when considering
stage calculations as illustrated by the following example. The case considered is a compressor stage
described by Freeman and Dawson (1983) consisting of an inlet guide vane, rotor and stator all double
circular arc blades. Fig. 6 shows results for the inlet guide vane from James (1982} using a method
based on that of Came and Marsh. It can be seen that the radial distribution of the pitchwise mass
averaged whirl angle is well predicted. In this case the inlet boundary layer was taken as collateral.
We consider now predictions for the stator. It can be seen from Fig. 7 that even for the case of a
collateral hub boundary layer out of the upstream rotor the absolute inlet velocity will exhibit skew
because of the change from a rotating to a stationary hub. This gives rise to streamwise vorticity at
inlet to the stator; the effects of secondary flow in the upstream rotor will add to this effect. If
the streamwise vorticity is included in the analysis, as in equation (17), then it can be seen from
Fig. 8 that poor predictions result near the hub and tip where considerable underturning is predicted and
the sense of the inlet skew is maintained. The reason for this is the effects of viscosity. Consider-
ing again Fig. 7 it can be seen that since the velocity on the stationary hub is zero then intense shearing
will take place in the region near to the hub which will tend to unskew the inlet boundary layer reducing
the streamwise vorticity. Even if the skew is maintained up to the leading edge the process will continue
through the blade row assisted in thecase of a compressor rotor by the blade force. Fig. 8 shows results
from the calculation where the inlet streamwise vorticity is suppressed. It can be seen that the trend
is now improved even though the level is wrong in the middle of the stator (it if felt that this is caused
either by errorsin the experimental measurements or deviation that is not taken intoc account in the analysis).
Also shown in Fig. 8 are results assuming that the inlet boundary layer is collateral in the stator frame,
the inlet skew being completely destroyed by viscosity. Again even though the overturning is exaggerated
and the mid-passage level is incorrect the trends are encouraging. The results shown and the mechanisms
described above have been substantiated by Birch (1984) using a three-dimensional viscous program for this
example. The conclusion is that care must be exercised in using inviscid secondary flow theory for stage
calculations. In fa.t this is true for any inviscid calculation where the effects of an inlet boundary
layer are being simu ated.

It is interesting to note that in the case of a turbine nozzle or rotor the effect of viscosity is
again to tend to destroy the inlet skew from an upstream blade row but now the effect of the blade force
is opposite to that of the compressor stator or rotor and tends to increase the skew. It is found that
the latter effect tends to dominate and as a consequence good predictions can be obtained using an
inviscid program, see for example the work of Boletis, Sieverding and Van Hove (1983) and Birch (1983)
using three-dimensional programs. It should be mentioned that for a turbine the effects of the secondary
flow on the "primary" flow can be large and that because these are ignored in an inviscid secondary flow
analysis the results must be used with care (these effects are obviously included in a full three-
dimensional analysis).

The above discussion has concentrated on the analysis of blades. It is however, possible to use the
approach in a design sense to calculate blade angles in the end-wall regions to reduce the effects of
boundary layer over-turning. As discussed earlier care isneeded in applying such an analysis to the flow
in a blade stage where the effects of viscosity between the blades becomes important in determining the
inlet vorticity to each blade row.

2.5 Spanwise Mixing Model
A spanwise mixing model is aimed at accounting for two effects,
(i) turbulent diffusion in the radial direction not accounted for in a blade-to-blade analysis,
(11) an inviscid secondary flow effect arising from the fact that in general there will be a
component of velocity normal to the axisymmetric blade~to-blade surfaces used in the design

of the blade sections.

Consider firstly the second effect mentioned above. It can be shown that the passage averaged energy
equation may be written as

af 12 BR  ——r
V3 e R loeet PVl (19)

where m is themeridional direction along the axisymmetric blade-to-blade surface see Fig. 4 and V, is the
velocity normal to this surface. In the usual quasi-three~dimensional design system the blade-to-blade
surface is assumed to be a streamsurface and Vl is taken as zero, leading to the familiar energy equation.

In a similar manner it can be shown that the passage-averaged circumferential momentum equation
becomes



5-6

v

m 3 ~ 1 d BR B
LI = - —_ -] F 2
Rom Mg/ = ~g@Fam Laest °% M%) Fag * Fyg (200

It would be possible to determine V, using an inviscid secondary flow analysis but it should be
noted that the distribution through a blade row is needed, at least in theory. An alternative approach
is given by James (1982) where il is shown that equation (19) may be written as

.~ a7 1 2 - a2
Umm -BR—BE[BRDEBLI (21)

where € is related to the velocity normal to the blade-to-blade surface, being determined by the secondary
flow through the blade row.

It is possible to include the effects of turbulent diffusion in the above model by considering ¢ to
be an effective dif<usion coefficient. In order to determine this using experimental data a more

appropriate form is

at a:f
qd L.t (22)

Adkins and Smith (1981) derive equation (22) using a Taylor expansion analysis based effectively on
tracing streamlines through the blade row taking inte account secondary flow. They use diffusion equations
for total temperature, total pressure and Rq,, determining the mixing coefficients empirically to account
also for the effects of viscosity on the secondary flow and interaction with downstream blade rows. They
show that the model has a significant effect on predictions.

An alternative approach is due to Gallimore (1986a, 1986b). Suppose in equation (1) we express the
viscous force E‘ as
= F(l) + F(z)
Bl -t

F
-1

(1)

where with an effective turbulent viscosity model 51 is composed of derivatives in a stream-surface and

(1
Eiz) of derivatives normal to the stream-surtace. We suppose that E;" can be determined either from a
blade-to-blade calculation, as indicated earlier, or from a prescribed loss mode! for example using cascade
loss correlations e.g.

(1)
(1) _ s
ET = -t S 3 (23)
where S(l) is a prescribed entropy distributioen. The second part of the viscous force FiZ) is expressed

in terms of derivatives of velocity components, which for small hade only innvolves components in a stream-
surface.

Rothalpy is given by

Lo L, @ (24)

where, consistent with equation (23),

g.vx(]) = 0 (25)
and where, for small hade 1(2) satisfies
(2) _1 23 L, 13 3wy Mg Wo
WV = B ok, 3E) ¢+ ag (R B e Mol - ) ) (26)

where, k_and p_ represent effective turbulent conductivity and viscosity respectively. Passage
averaging has béen dropped for the purposes of clarity.

Entropy is given by

- S(1) . S(2) (27)
(1) . (2) .
where S is prescribed and S can be determined from
w.vs@ o wer - wp® (28)

The similarity of equations (26) and (22) can be seen if we take an effective Prandtle number of unity.

The importance of including spanwise mixing effects in a through-flow calculation can be seen in
Fig. 9 taken from Gallimore (1986a). Calculations have been performed for two 3-stage research
compressors differing only in aspect ratio; 3S1 had an aspect ratio of 0.81 while 352 had an aspect ratio
of 1.22. Design loss coefficients and flow angles were used together with measured inlet flow profiles.
Exit total temperature predictions with and without spanwise mixing are shown. It can be seen that
results using the spanwise mixing model agree closely with experiment while those without mixing shuw a
totally misleading total temperature distributijon.
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3. Quasi-3D Blade-to—Blade Analysis

In the design process a through-flow analysis gives the necessary inlet and outlet flow conditions
for each section of each blade row in order to achieve parameters such as stage or blade pressure ratio
or work output. This means that the desired lift of each blade section is known. The design freedom
lies with the lift distribution from blade leading to trailing edges which in turn determines the chara-
teristics of the blade surface boundary layers and the efficiency of the blade. It is important there-
fore that a designer has methods that enable him to determine the boundary layer characteristics and that
allow him to quickly analyse the effects of changes to his design variables.

3.1 Inviscid Analysis

Inviscid blade-to-blade methods generally fall into two categories, design and analysis. With the
former the desired blade surface velocity is prescribed and the method produces the blade geometry. With
the latter the blade geometry is prescribed and the method produces the blade surface velocity distribution.
A design method in many ways offers advantages from a pure aerodynamics point of view, where desirable
boundary layer development can be reflected in the velocity prescribed, whereas an analysis method is often
needed in order to satisfy mechanical or blade cooling constraints. A method with compatible mixed design
and analysis modes combines the best features of both and offers considerable advantages for practical
design. Such a method based on a finite element full velocity potential analysis is described by Cedar
and Stow (1985). In this the geometry can be prescribed over part of the blade, in which case the method
produces the surface velocity, and the velocity can be prescribed over the remainder, the method producing
the geometry. In the basic analysis mode the system of non-linear equations arising from the finite
element methed is solved using a Newton-Raphson procedure which ensures rapid convergence. Simple three
node triangular elements are adopted which means that the areas integrals involved and the Jacobian matrix
in the Newton-Raphson procedure can be calculated analytically.

In the design mode, changes to the blade shape are modelled using a surface transpiration technique
which aveids mesh re-construction each time the geometry changes in the iterative design procedure. The
transpiration mass flux is related to changes in the blade geometry in the same manner that a transpiration
boundary layer is modelled. This is easily included in the finite element method through the boundary
conditions. The surface transpiration mass flux is in turn related to desired changes in the blade
surface velocity using what is callwd an influence matrix; this is determined efficiently using a slight
adaptation of the Newton-Raphson procedure. The iterative solution is fast to converge giving rise to a
very versatile iteractive design tool.

The way of using such a method is to start with an analysis of an initial blade geometry. Loss
producing features can be identified using a coupled boundary layer analysis. A velocity distribution
can then pe prescribed, over part of the blade, aimed at improving boundary layer developmeéht and the -
blade geometry determined. Fig. 10 from Cedar and Stow shows how the method has been used to rer e a
shock wave identified from an analysis of a blade whilst maintaining the same lift. Fig. 10.1 gives the
surface Mach number distribution for the original blade; it also shows the desired design distribution
which has been changed only over part of the suctinn surface. Fig. 10.2 shows the original and resulting
blade shapes. It can be imagined that to achieve this result using only an analysis type of approach
would have been difficult and time consuming.

A further application is shown in Fig. 11 to remove a Mach number over-speed around the leading edge
of a blade in order to improve the boundary layer behaviour at design and off-design conditions.

Similar mixed design and analysis mndes can be added to other blade-to-blade methods, e.g. streamline
curvature, time-marching etc.

3.2 Boundarx Laxer Analysis

Some of the main physical features that need to be described by a boundary layer method are as
follows,

(i) Laminar flow

(ii) Laminar separation and reattachment
{iii) Start and end of transition

(iv) Turbulent flow

{v) Turbulent separation

fvi}) Re-laminarization

Boundary l!ayer methnds fall into two main categories, integral and finite difference approaches. In
the former, boundary layer parameters like momentum thickness © and displacement thickness ¢* are determined
from ordinary differential equations formed by integrating the boundary layer equations through the boundary

layer. For example in the case af two-dimensiona! flow the momentum integra! equation takes the form
d : - . Qus
= [tou )68] =T, - (eud o 6v

where s is the distance along the blade surface, 1, is the skin friction and the subscript § refers to
condi tions at the edge of the boundary layer.

The advantage with this approach is that the solutinn of the cquations is fast and this means that
combined with an inviscid method that is itself fast an interactive viscous-inviscid design program can be
prnduced. The integral equations, however, need to be supplemented by correlatiors from experiment for
quantities like skin-friction, form factor and features such as laminar separation and reattachment, the
start and end of transitinn, and re-laminarization alsn need to be described in terms of correlations.




Witk finite difference approaches the boundary layer equations are solved numerically. For example
the morantum equation for two-dimensicnal! flow takes the form

2 N ] 3p 3t
s (ou') + W (ouv) = - s * n

where n is normal to the blade surface and u and v are the velocity components in the s and n directions
and T is the shear stress. As a consequence the solution time is longer than for integral methods,
dependent largely on the accuracy of the procedures adopted. For turbulent flow the equations need to be
supplemented with a turbulence model which will rely heavily on experimental data. Laminar separation
usually involves adopting a "fix" of one sort or ancther in order to formally keep the mechod working but
as the boundary layer equations breakdown locally in the region of separation the results nesd to be used
witn caution. With many methods correlations are still needed for determining the start and end of
transition or re-laminarization. With methods adopting a turbulert kinetic energy equation then the
means exist for trying to describe these phenomena using a differential equation; this will be discussed
later.

3.3 Inviscid - Boundary Layer Coupling

There are three choices in deciding where to couple the solutions to the boundary layer and inviscid
ma‘nstream equations namely at the boundary layer edge, the edge of the boundary layer displacement thick-
ness or the blade surface, see Murman and Bussing {(1983) for details.

In the main the effect of the boundary layer on the inviscid mainstream calculations is represented
2ither by a displacement effect or by transpiration. In the former the blade is thickened by the boundary
_ayer displacement thickness and the inviscid flow calculated in the reduced passage area. This is
eguivalent to coupling at the cdge of the displacement thickness. It is assumed in this model that
changes in the mainstream variables between the edge of the displacement thickness and edge of the boundary
layer are negligible. In the transpiration mode! transpiration through the blade surface of mass,
momentum and energy is used to simulate the effects of the boundary !ayer on the mainstream; this is
equivalent to coupling at th¢ blade surface. It is assumed that changes in the mainstream quantities
between the blade surfare and edge of the boundary layer are negligible. In the case of two dimensional
flow the transpiration velocity Vo normal to the blade surface is given by

d -
tady = 35 [(DL)G &)

It can be shown from considerations nt conservation of momentum and energy that the transpiration
~rreamwise vel~acity u should be the lncal inviscid velocity i.e.

Hn = Hé

In practice only =small differer-=< will arise between the two main methods of coupling the equations
and the choice is governed mainly by features or properties of the inviscid method. For example, in the
case ol a streamline curvature method a displacement model is used sinc: the edge of the displacement
thickness now becomes the new effective blac: sireamline. In a finite element approach where mesh genera-
tion is often quite expensive then a transpiration mode! is advisable, see Stow and Newman (1987). In

time-marching methods, like that of Denton (1982), either approach can easily be used, see for example the
work of Haller (1980) using a ‘transpiration mode! and that of Calvert (1982, using a displacement mode!l.

In additinn tc considering how to represent the effects of the boundary layer on the mainstream flow
one neeads to conside:r how the twn calculations should be iteratively coupled. In some cases the effects
o e boundary layer on the mainstream flow will be so 3mall that useful boundary layer information can
be obtained from a single call *- a bounc.:.ry layer routine after the inviscid calculation is converged.
In general, however, the boundary layer wi!l have an effect on the inviscid flow in terms c* blockage,
deviation etc. »1d the two calculations must be iteratively coupled together. The type of coupling is
determined in the main by the magnitude of the boundary layer effect and different modes of coupling have
been developed to cater for this.

3.3.1 birect Mode Coupling

In this case the e{1cts of *he boundary laysr on the inviscid mainstream arec important but are sti!l

sernond nrder. The direc: manner of roupling is illustrated in Fig. 12. In this rase the boundary layer
equatinns are used in t'e standard form. So for example the form nf momentum integral equation used is

( R du
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and the entrainment ~quation is

d
e = N
I [\nuv‘S Hi8) = ou)6 C

E

The input to rhe boundary layer calculatinn is the 1nviscid velncity at the "effective' edge of the boundary
layer (wher: this 1s eijther the edge of the displarement thickness for a displacement mnde! or the blade
surfars ‘or o ronspiration mndel};  the input 1o the invisrid caleuwlatinn 1s the boundary layer displacce-
ment  nickness used to determine either a new ~ffertive hlade surface or to calculate transpiration
gquantitie
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Stow and Newman (1987) give details of the approach for the finite element method described in Cedar
and Stow using an integral boundary laye—~ method and surface transpiration model. The integral method
adopted handles laminar and turbulent flow with transition correlations based on the work of Abu Ghannam
and Shaw (1979) being used to predict the start and end transition and the starting conditions for
turbulent flow. Laminar separation bubbles are handled using correlations due to Roberts (1980). The
integral method is continued downstream of the trailing edge to calculate the wake development. A near
wake "jump" model, due to Newman (1986), is adopted in order to calculate starting conditions for the
wake calculation from those at the trailing edge. With this model the conservation equations are written
in a jump form enabling the effects of the trailing edge base pressure to be incorporated.

Fig. 13 shows predictions for a low pressure turbine blade tested in cascade by Hndscn (1984).
Fig.131 shows the mesh used with Fig. 132 indicating the pood agreement of th2 predicted blade surface
Mach number with experiment. Fig. 13.3 shows a cumparison of the predicted and measured suction surface
boundary layer momentum and displacement thickness, it can be seea that good agreement is found. In this
example the leading edge velocity over-speed creates a laminar separation bubble with almost immediate re-
laminarisation after re-attachment and later natural transition towards the blade trailing edge.

It is found that in many cases the trailing edge base pressure can have an important influence on the
predicted loss and should be included in any calculation. Fig. 14 shows the effect for typical turbine
and compressor blades; the effect is much larger for the turbine blade because of the larger value of the
blade trailing edge thickness to boundary layer momentum thickness. Currently the base pressures must be
supplied by a designer or a correlation used.

3.3.2 Inverse Mode Coupling

Inverse mode coupling needs to be adopted in cases where the effects of the boundary layer on the
inviscid calculation are not second order. If direct mode coupling were used in such cases then either
the procedure would not converge or would require such heavy damping as to make convergence very slow.
Often "fixes" have to be adopted (for example by putting an upper limit on the form factor) in order to
avoid convergence problems; however, this means that the results are suspect and must be used with
caution, Typical examples are cases where ghock boundary layer interaction is important or where large
turbulent separations occur. In such cases inverse mode coupling avoids the problems found with direct
coupling. In general inverse coupling is needed only in certain areas of the flow where strong inter-
actions occur, the direct mode of cnupling being used elsewhere. There are a number of procedures that
can be used but commor. to these is the use of an inverse boundary layer approach. Although inverse
approaches in the main adopt integral boundary layer methods finite difference apprraches can also be used,
see for example Drela and Thompkins (1983).

The input to the boundary layer routine is the boundary layer displacement thickness, the output
being the velocity at the edge of the boundary layer to achieve this. For example the entrainment
equation is used in the form

d -
9 dus _ L (Eﬁ_ - ¥,
v as F, ds

together with the standard momentum integral equation

2 (o)l = T - (pu), He o
ds 1PV g = T T tPUg ds

and the usual correlations hold.

How this is used in the inviscid calculation depends on the details of the method and whether a design
mnde exists. In the case where such a mode dones exist then full inverse coupling can be used. Calvert
(1982) has developed such an approach based on the Denton inviscid time-marching method and an inverse
integral boundary layer based on the lag-entrainment method of East, Smith and Merryman {(1976).

Le Balleur (1983) has proposed a semi-inverse approach. This uses the direct mode nf the inviscid
calculation together with an inverse mode of the integral boundary layer in regions where separation is
expected, the direct mode being adopted elsewhere. A semi-inverse mode of coupling has been developed
for the finite element discussed earlier and is presented in Newman and Stow (1985). Fig. 15 shows the
coupling procedure adopted and indicates that a correction techniyue must be applied to the displacement
thickness to ensure that the velocity distributions from the inviscid and boundary layer calculations agree.
The inviscid influence matrix, mentioned earlier in connection with the design mode, is used in this
procedure. A similar boundary layer inflt nce matrix can be determined numerically by perturbing the
boundary layer equatjons and relating changes in velocity to those in displacement thickness. With the
semi-inverse approach described rapid convergence is found and the resulting program can be used in a
completely interactive manner. An alternative pointwise correction scheme due tn Carter {1979) in which
eorrections are based on differences in the inviscid and boundary layer velocities has also been used
successfully; howeve. convergence rates are heavily dependent on the relaxation factors used. Fig. 16
shows results for a compressor blade with a large suction surface diffusion; it can be seen that the
predictions of the suction surface boundary layer paramters are in good agreement ith experiment. The
main limitations with such an approach lie not with problems in the coupling procedure but with limitatinns
of the bnundary layer method in handling flows with large turbulent separations. Evidence of this is
apparent in the predictions shown in Fig. 16.3 where the rate of growth of the turbulent boundary layer is
under predicted. A similar level of agreement is shown by Calvert (1982) using the same basic boundary
leger method.
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3.4 Reynolds Averaged Navier-Stokes Methods

The main reasons for interest in 2D flow in using a Reynolds averaged Navier-Stokes method are for
the prediction of off-design losses, where laminar separation bubbles may occur near the leading edge and
in some cases fairly extensive turbulent separation towards the trailing edge, and for the predi«tion of
trailing edge base flow mixing losses. These are two areas where a coupled inviscid boundary layer
approach has limitations.

Shortcomings in the prediction of the rate of growth of a turbulent boundary layer in a strong
adverse pressure gradient have already been seen in Fig. 16.3. Shortcomings in the prediction of losses
due to laminar separation bubbles can be seen in Fig. 17 showing loss against incidence for a ceuwiollzd
diffusion compressor blade shown in Fig. 18; details of the blade and test results are given in Sanger
and Shreeve (1986). Shown in Fig. 17 are resulis from Walker (1987) using the finite element coupled
boundary layer analysis discussed earlier. It car. be seen that near design incidence a good prediction
is produced but that this becomes progressively worse as the incidence increases both positively and
negatively. The shortcomings are due to limitations in the correlations for laminar separation bubbles.
With this blade, even at design conditions, leading edge separation bubbles exist on both surfaces. As
the incidence increases positively the extent of laminar separation and associated losses increases on the
suction surface with the pressure surface bubble disappearing. As tne incidence increases negatively a
similar situation occurs but this time on the pressure surface. With the correlations employed a burst
separation bubble is predicted on at least one surface at all operating conditions, In the model employed
immediate reattachment as a turbulent boundary layer is taken which means that transition is effectively
anchored to the position of the leading edge velocity spike. As a consequence the losses associated with
the bubble are not seen. It should be mentioned that in the case of a blade designed to avoid leading
edge velocity spikes at design conditions, the limitations of the correlations would not occur until larger
off-design incidences than seen in this example. Also shown in the figure are results from Ho (1988a)
using a Navier-Stokes analysis which will be discussed later.

There are two main approaches being developed to solve the Reynolds averaged Navier-Stokes equations,
pressure-correction techniques and time-marching techniques.

The pressure-correction method is based on the work of Caretto et al. (1972) and Patankar and
Spalding (1972). With this technique an iterative linearization of the momentum and energy equations is
adopted which effectively uncouples the equations and allows an implicit formulation to be adopted in order
to determine the velocity components and total enthalpy; the pressure is determined from the continuity
equation using abbreviated forms of the momentum equations. Turbomachinery applications of the method
have been pursued by Hah (1983) and Moore and Moore (1984), especially for three-dimensional flow.

With the time-marching approach the unsteady form of the equations of motion are solved together
usually with a steady form of the turbulence model. Both cell centred schemes, attributed to Jameson et
al (1981), and cell node based scheme, attributed to Ni (1982) are under development; see Dawes (1986)
and Norton et al (1984) for more details on the cell centred approach and Carrahar and Kingston {(1986) and
Davis et al (1980) on the cell node based approach. In addition various time-marching strategies for
advancing the solution in time are available, fo. example a fully coupled implicit scheme in two-dimensions
see Dawes and Norton et al, and explicit multi~step Runge-Kutta and two-step Ni-type Lax-Wendroff schemes
in two and three-dimensions. With explicit methods the theoretical stability limit means that small time
steps are needed in the viscous regions especially if fine grids are adopted. With implicit methods no
such restriction exists and the time step can be chosen to achieve maximum convergence rate. In the
approach implicit correction tochniques are adopted to solve the fully coupled finite difference equations,
very similar to a Newton-Raphson technique. Block matrix equations result from thebasic formulation which
can be fairly expensive to invert. Differential operator splitting techniques have been developed to
some extent to reduce computational times, see for example Dawes (1984) and Chaussee and Pulliam {1981).

In an attempt to improve convergence times of explicit schemes semi-implicit techniques have been developed
where the basic uncoupled equations arising from the explicit approach are solved in an implicit manner;

see for example Dawes (1986) where a pre-conditioning matrix is applied to each equation to improve coupling
between corrections at grid nodes.

Grid systems with the various codes range from a simple H-grid to more elaborate embedded 0-C-H grids,
see Fig. 18, designed to give good spatial resalution around the leading and trailing edges of the blade.

Currently only relatively simple turbulence models are adopted, for example a Baldwin-Lomax or Cebeci-
Smith mixing length model or one-equation kinetic energy-mixing length model, see for example Birch (1987).
Transition is usually modelled using an intermittency function with various options for determining the
region over which it is applied. One option is to specify the start and end of transition. An alter-
native is to predict “he start and end using either a correlation, as discussed earlier in the integral
boundary layer approach, or a kinetic energy model, see for example, Birch (1987) showing the relative
performance of the two approaches for predicting turbine blade surface heat transfer.

The usual transition correlations account for the major effects of free stream turbulence and
pressure gradient, and are reasonably adequate in determining natural transition. There are, however,
shortcomings for large adverse pressure gradients and as one moves towards laminar separation promoted
transition associated with off-design operation. Good results have been found using the kinetic energy
model over a range of operating conditions. Fig. 17 shows results from Ho (1988a) using this rodel in
an explicit cell centred time-marching scheme for the blade shown in Fig. 18; the grid system and number
of points used can be seen from the figure. The result at near design incidence indicates tnat the mode!
is probably slightly too sensitive to the small leading edge velocity spike that occurs. However it can
be seen that it is able to predict the additional losses associated with the laminar separation bubble at
ofr-design incidences reasonably well,

Further results from the code and mode! from Ho (1988) are given in Figs., 16.2 and 16.3 where it can
be seen that there is closer agreement wilh experiment than with the coupled boundary layer approach.
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Fig. 19 gives results for a case where the incidence has been increased. It can be seen that the model
agrees quite well with experiment; the coupled boundary layer approach performs poorly in this case.

Transition and turbulence modelling are important in determining the quality of profile loss prediction
i.e. loss up to the blade trailing edge. Modelling of the trailing edge base flow region is impnrtant in
determining the quality of the overall loss including the base pressure and mixing effects. In many cases
it is found that the flow in the trailing edge region is unsteady. Using a constant time-step in an
implicit method discussed earlier it has been found that very realistic results can be produced in terms
of the unsteady periodic flow structure around and downstream of the trailing edge and that the
shedding frequency agrees closely with that expected, see for example Stow, Northall and Birch (1987).
However this is a costly proccdure to adopt rspecially in three-dimensional flow and especially with
conditionally stable explicit time-marching methods. In addition it is the mean flow effects, lnss etc.,
that are of main interest, at least at this stage. As a consequence mechanisms for producing the mean
flow effects are being ¢ isidered. It has been found that the unsterdy nature of the trailing edge flow
can be suppressed by adding smoothing or numerical viscous effects in that region. Care must be taken,
however, so as not to generate significant spurious loss using such a technique. Fig. 20 from Cennell
(1985) show predictions from an explicit cell centred time-marching code described by Norton et al for
HP turbine blade tested in ca-cade by Nicholson et al (1982). About 7,000 points were used with the
start and end of transition specified. It can be seen that thereisgood agreement in the overall mixec
out loss. Also shown in the figure is the predicted profile loss indicating the importance of the
trailing edge region, at least near sonic conditions, in determining the overall loss characteristics.
It should be mentioned that a similar level of agreement is found using the coupled inviscid-
boundary layer technique if the measured base pressure is input into the mixing less calculation. The
difference with the Navier-Stokes approach is that no such input data is required.

Further studies have been completed on the effects of trailing edge thickness on the overall loss
indicating that the approach adopted agrees very well with the experimental findings in both magnitude
and trends, see Fig. 21, from Stafford and Birch (1987).

It is clear from the developments and applications being undertaken that Reynolds averaged Navier-
Stokes methods offer great promise in terms of loss and heat transfer prediction, understanding of flow
phenomena and modelling opportunities. The methods are, however, much slower than current design methods
adopting coupled techniques and consequently tend to be used more as research tools, at least in two-
dimension, the situation being different in three-dimensional analysis. It is clear, however, that
future developments in solution algorithms, convergence techniques and the application of super-computers
will reduce elapsed time sufficiently to ensure more widespread application within design systems.

4. Three-Dimensional Analysis

As already discussed above, in the Quasi-3D design system blade sections are designed on isolated
axisymmetrical stream-surfaces. In reality the stream-surfaces will twist under the influence of stream-
wise vorticity, from upstream blade rows or created within the blade row, and the blade force etc.; this
means that there will be flow through the surfaces used for designing. In addition, in the blade-to-
blade boundary layer analysis adopted the effects of cross-flows normal to the stream-surface are assumed
small and ignored; in some cases, however, they may be significant e.g. near the tips of rotors. A
further complication comes from the blade-annulus interaction where the annulus boundary layer separates
ahead of the blade to form a horse-shoe vortex which affects the development of the blade boundary layers
through the blade passage. In order to account for these effects a three-dimensional analysis system is
needed. Fig. 22 shows the elements of such a system and how it links to the conventional quasi-3D design
system. Also indicated are the routes back into the conventional system to allow changes to the blade
sections or to the blade stack after a three-dimensional analysis.

In general in a three-dimensional analysis one is interested in studying the effects of changes in
design parameters, e.g. blade stack, annulus curvature, on the secondary flows and secondary lnsses of a
blade row. However, very useful information can often be obtained using an inviscid analysis in which

the effects of the annulus bnundary layers are accounted for only at inlet to the blade row. In such an
approach the inlet boundary layer is modelled by adopting an approximate inlet tota! pressure profile
which gives rise to low momentum fluid but still has seme slip vclocity it the wall, The low momentum

fluid is then acted on by the blade force within the blade row giving rise tn secnndary flows at the

exit. The effects of numerical viscosity are to accelerate the inlet low momentum flujid and consequently
these must be controlled by the using a refined grid near the end wall and avoidance of excessive smoothing.
It is found that gnod predictions of secondary flow angles can result from the procedure at least for
isnlated blade rows.

Care is needed, however, in applying such a technique tn stage ralculations where * t of each
blade row is to produce a skewed inlet end-wall boundary layer to the following row. .ssed earlier
the effects of viscosity are very important in determining the development of the 2t boundary

layer. In a compressor the blade force and viscosity tend to have opposite effects on wne skew in the
boundary layer and large errors can arise in the prediction of the secondary flow using a purely inviscid
analysis due to neglecting the action of viscosity on the skew. In turbines the blade force and
viscosity tend to act in the same manner on “he skew ia the boundary layer and ihe effects nf ignoring
viscous action is less dramatic than in a compressor. Although some compensation for the effects of
viscosity can be made in --ither case, the situation is unsatisfactory and indicates that a viscous
analysis should be adopted.

The situation with regard to the development of methods for the solution of the Reynnlds averaged
Navier-Stokes equation in 3D is basically as described earlier in 2D, with pressure-correction and time-
marching techniques being develnped, with the 2D metlnds and developments leading naturally inta 3D.




With the time-marching technique, as discussed earlier, cel! centre based and cell node based schemes
are being applied and further developed. In general explicit multi-step Runge-Kutta and two-step Lax
Wendroff time-marching approaches are adopted with semi-implicit smoothing or coupling schemes being
adopted in some cases in an attempt to improve convergence rates. With the pressure-correction technique
two basic approaches are available a semi-elliptic space-marching technique, see for example Moore and
Moore (1981), and a fully elliptic technique, see Moore and Moore (1985) and Hah (1983). The space-
marching technique is ideally suited to flows where separation does not occur in the streamwise marching
direction; separations in planes normal to this direction can be handled. This means that secondary
flows found in ducts, exhausts etc. are well modelled with the technique. When applied to blade rows Lhe
effects of separations near the leading edge, due to the end-wall horse-shoe vortex, or reversed flows
near blade trailing edges are handled only in an approximate manner; even so valuable information on
secondary flows is still produced. In order to remove these limitations fully elliptic procedures have
oeen developed capable of handling the flow separations *hat are found at the leading and trai'ing edges
of blades and over the tip of rotating blades.

5. Future Developments

The work described above has tended to concentrate on areas where capabilities have been developed
and have been evaluated. At this stage it would be useful to discuss briefly areas where further
development is under-way or is needed in the future and to indicate the mathematical and numerical
modelling problems to be addressed.

In 2D and 3D steady blade-to-blade flow analysis extensions to both turbulence and transition models
adopted in Navier-Stokes methods are required in order to handle both attached and separated flows
associated with design and off-design behaviour. For example any transition mode! needs to be able to
handle natural! transition, laminar separation promoted transition and transitional separation. It is
contemplated that in addition to extending ex‘ c¢ing simple models, higher order turbulence models, i.e.
algebraic and Reynolds stress models will be adopted; it will be important, however, to assess at each
stage what advances are being made in relation to the additional computational costs of the higher order
methods.

The work discussed so far has concentrated on steady flow analysis although unsteady analysis in
connectinn with flutter and forced response, i.e. incoming wake excitation, is undertaken routinely; for
example the full potential finite element program mentioned in Section 3 adopts a linearised unsteady
analysis for flutter. Development of other methods and techniques described earlier is already under-
way aimed at both linearized and full non-linear analysis of the unsteady flow associated with flutter and
blade row interaction. Single blade row analysis will be performed initially, with the inclusion of the
wake {rom the upstream blade row, but eventually full stage interaction is envisaged. see for example
Hodson (1974), Giles (1987, 1988), Rai (1987) and Rai and Madaran (1988). In considering unstalled
flutter and forced response analysis, inviscid models are adequate, whereas for stalled flutter and blade
row interaction effects on blade loss and heat transfer characteristics, viscous medels are needed. With
regard to the latter turbulence and transition medels are needed to describe the major phenomena.
Initially quasi-steady models are envisaged but later models capable of describing the unsteady features
of the interaction will be needed.

As more is learned about blade interaction effects then the more one will start to design individual
blade rows or stages with the interaction taken inteo account. The subject presents particular
challenges in the areas of algorithm development, grid systems, turbulence and transition mode's with
progress being dictated by physical understanding and by the speed of computers.
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APPENDIX A. Definitions of Momentum and Displacement Thicknesses

The momentum thickness in the meridional and circumferential directions are defined as
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6,, = —=1 gseaglay ~ qy) de
00 oeoe - @ Oe ]
and the two coupled thickness as

QmQ p Q@

1
= —— fsoqg(qm - qp) de
e'e o] e

1 [
Oam = TeT foqm(qe - qO) de
e'e o e

The displacement thicknesses are defined as

6

» 1

§ = Sflp g - pq ) do

m °eQe o e'm, U

and
1 [

85 = S (p_ g, - eq,) di
%] peoe o e Qe 0

APPENDIX B Secondary Flow Stream-Function

For incompressible flow the continuity equation is

aus aun W

s " m Tz - °

where the co-ordinate system is shown in Fig. 5.

Ble
o

so that from equation (B.1) a stream-function ¢ can be introduced such that

u = -2 w2

n 3z ' an

The secondary streamwise vorticity zsec is given by

w aun

fene =50 " T2

sec an 3z

so that from equation (B.3) y satisfies.

an 3z sec

Knowing the distribution of g

secondary velocities found from eqaggion (B.3).

v -0

nn the boundaries of the domain.

The above analysis can be extended to cylindrica! polar cn-ordinates and to include the

effects of compressibility.

It is usually assumed that

, for example from equation (17), ¢ can be determined and the
The boundary conditions are

{B.1)

(B.2)

{b.3)

(B.4)
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TRANSONIC AND SUPERSONIC COMPRESSOR BLADING DESIGN
Introduction DY A.J. Wennerstrom, AFWAL/POTX, Wright-Patterson AFB, OH 45433, USA

This lecture concerns the design of axial compressor stages for which the achievenent
of high performance is both critical from the standpoint of a therrodynamic cycle and
also difficult because of high aerodynamic loading, iiach numbhar, or both. In alrcraft
turbine engines, this would typically include the fan of a turbofan and thc irlet staaes
of a turbojet. However, in principle, the methods could he applied to the desiyn of any
critical turbomachinc stage, even a hyvdraulic machine, althcugh ir the latter case cne
would have to introduce additional criteria to @eal with such problems as cavitation,

The type of method we are concerned with is often termed a "thrcugh-buicle” design
procedure. It differs from an "across-blade" approach in that ccnditions are specified
and calculated at a series of computing stations hetween the leading anc¢ trailing edge of
each blade row as opposed to only at blade row edges. It can empley traditional
geometrically-defined airfoils, but will more ccmmonly employ airfoils of arbitrary
geometry.

This lecture presumes that a preliminary design of the compressor has already been
accomplished to the level of accuracy associated with across-blade design technigues.
Thus, at the point where the detail design method starts, we already have an appreximate
definition of the flowpath, the loading of each stage, spanwise distributions of angular
momentum changes and lusses, aspect ratios ang solidity levels. All of these parameters
will typically undergo refinement during the detail design. In general, the flow rate
will have been specified at the outset based upon the cycle requirements, and a wheel
speed will normally have been chosen based upon structural considerations. The wheel
speed of a high-bypass-ratio turbofan can also be limited by shock losses arsociated with
high tip Mach numbers.

The first subject covered will be the general methodoloqy employed including the
computational framework. Next, the kinds of information derived from empiricism wili be
discussed, followed by those areas where design guidance is lacking and one rust resort
to logical assumptions. fThe foregoing can theoretically result in an infinite range of
solutions and so an optimizatien criteria is presented through which cone strives to
obtain the one best solution. Three cxamples are shown covering the Mach number range of
about 0.7 to 1.6 to illustrate the success of the approach. Several other factors which
must be taken into account in a design are mentioned. Also, several glarinc weaknesses
in present design rethods are identified. The lecture concludes with some corments on
current design trends and computational coals.

General Methocdolcgy

The cdesign computations will typically be performed sesuming stescy flow ané using an
arxisymmetric system of equationc. These are mathermatically twe-dimensicnal althcugh
their use is often termed a quasi~three-dimensional design approach., Variables in the
circumferential direction are eliminated by either formulating the equations initially in
axisymmetric form such as Wennerstrom {1] cr by averaging circumferential variables such
as Smith {2] or Jennions and Stowe {3]. The presence of blades is represented in the
romentufn equation by distributed body forces which account for the fact that, if the
blade is not exactly radial, a radial coumponent of force will be imposed cn the fluid
related to the pressure difference across a finite number of blades. Of course the
largest part of the blade force is expended in changing the angular wrorentum of the fluid
and in sustaining the static pressure rise across each blade row. The presence of blades
ig represented in the continuity equation by a blockage term which accounts for the ares
which the finite thickness of .hlades will subtract from the annulus.

In prirciple, the system of equations can be solved with equal accuracy by streanline
curvature methods such as described by Novak (4] or by a natrix method such as described
by Marsh [5]). However, the streamline curvature method is the one most widely uscd
throughout the world becauce of the ease with which it accommodates the boundary
conditions on a series of axisymmetric streamsurfaces. With the streamline curvature
method, a fFixed matrix of computing stations is defined which define the aurulus ané
blade row leading and trailing edges. A sufficient number of these are placed throughcut
the annulus to ensure a reasonable definition of the streamsurface curvature. For a
through-blade computation, several are also included within the meridional extent of each
blade row. The computing stations may be curved or leanned to facilitate matching any
geometry. The axisymnetric streamsurfacct represent the second set of coordinates.
Frcept for the hub and tip streamsurfaces, streancurfaces are free to flcat during the
course of the iterative solution such that continuity is preserved within each stream
tube. A schematiec of this computational mesh is illustrated in Figure 1 with only a few
streamlines shown to retain clarity,

Fquation (1) illustrates one way of presenting the so-called radial equilibrium
equation of turbomachinery. This is derived from the Momentum Equation in intrinsic
ccordinates, the Enerqy Fauation for steady adiabatic flow, and an enthalpy-entropy
relation.

2
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Finaure 1. Tynical Streamline/Comnuting-Station Megh

Vith the stream-line curvature methed, we would be solving for the meridional veloecity vm
aleong each computing station, defined bv the 1 direction. The terms not rhaded are thoce
of first orcder importence in influencing the reridional velocity profile. These
compricse, from leit tu right, the streamrline curvature term (rc is the radius of
curvature of the streamsurface), the gradient of angular momentum, the enthalpy gradient,
and the entropy gradient. The angle 4 is a measure of the non-orthogonality of a
corputing station and a streamsurface at each mesh point. Thus, where streamsurfaces and
computing stations are nearly ctheogonal, terms multiplied by sinpg kecome vanishingly
armall. Of the shaded terms, the first is sensitive to the meridicnal acceleration «f tle
fluid, the second takes into acc  unt the reridional component of the blade force, and the
third and most important cne takes inte account *he force normal to the streamsurface
ceused by a non-radial blade surface.

“he equations are usually solved ir one of two ways. The relative flow angles may be
specified withirn bladed regions and the enthalpy and angular momentum changes through
cach hlade row corprise a result. Alternatively, the enthalpy change may be defined
+hrough rotors, and the¢ angular monentum change through stators, and the relative flow
argles comprise part of the results. 1t one wishes to analvze on existing ceometry, the
first approach with relative flow anglus specified is the mest logical cheice.  Sone
designe have also Leern created :in this fashion where it vas desired to use airfoils of
come prercribed gecmetric familv such as muitiple circular arcs. In this instarcc, onc
would assune a geometry based upon the preliminary design, anelyze the Ilow through it
and ther proceed to revise the gecnetry in a serics of iterations until some optim!
ge.n] was achicved. However, this is an cxtremely laborious approach to optirmizing o
design ana one is very likely to assume some geometries for which the solution will tail
computa’ onally becauvse of choking or excersive spanwise gradients ir some paraneters.
Meo, @ further drawback of solving with reiative flow ongles specified is thot the
solution has twe branches: o subsonic ard a superscnic cne just like one-darensional
rlow in a duct. When meridional !tach nurbers are reiatively hich, i1.e. apprcacking 1.0,
rany streamline cuivature codes gay have difficulty corvergiprg Lo the correct sclutiopn,
cven fer a valid geometry.

3.

? much more straightforward approach which circumvents these difficulties is the
second method wherein enthalpy or angular momentum changes are spe ified and the relative
fiow angles are computed. HNot only does this produce a unique solution hut it virtually
always produces some soluticn, given reasonably senssihle input data, since it is rarely
affected by the types of numerical convergence difficulties agsociated with the other
method. In order to be able to exploit this solution, one must have the flexibility tc
define airfcils of arbitrary geometry, compatible with the calculated relative filow
angles. This is rapidly becoming the must popular method with which to design high
performance stages, although it is not really new. The first commercial fan decigned
according to this approach was reported by Wright and Novak {6] in 1960.

In order to define airfoils from a matrix cf relative flow angles defined over the
blade surface, one must either calculate or assume a deviation (or departuxrc) angle
within the blade row which gives the difference between .he metal angle and the
circumferentially averaged relative flow angle. 7This will be discussed later. One also
reeds to define a thickness distributior which will typically be selected on the basis of
structural and aerodynamic considerations. Accepting these two as given for the moment,
the distributions of relative flow angle and deviotion angle over the blade surface will
define the camber line metal angle at every mesh peint, One way in which the geometry
can be defined is as follows. If we define the metal angle dis*ributior on each
-treamgurface by its first derivative or tangent, the values from leading to trailing
edge at each ctreamsurface/computing station intersection point can ke mathematically
spline fit, Since we now have an analytical description cf the first derivative cf the
camber line, a cingle integration serves to define the actual coordinates of the mean
line surface in cylindrical polar form. A thickness distribution can then be
symmetrically placed on this camber line. The actual design process involves many
iteraticns betweer aerodynamic calculaticon and blade design to insure that the metal
blockages of fthe final blade geometry are consistent with these used for the throughflow
computation. This is normally easily accomplished during the course of the iterations
required for desian optimization, The optimization itself will also be discussed later.
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Empirical Inputs

The traditional empirical inputs are the deviation angle, the losses related to
diffusion, and the blockage distribution associated with boundary layers and wakes.
These are listed in order of criticality in terms of how large an effect an error may
have on the end result, The deviation angles are still commonly predicted with some
version of the classic Carter's Rule, often with an “experience factor” added. This
experience factor has sometimes been predicted by an inviscid secondary flow computation
in lieu of pure empiricism.

Figure 2. Deviation Angle Correlation
Tre parameters employed in Carter's Rule are illustrated in Figure 2. The deviation
angle, d , is proportiornal to a constant, mc, {(which is itself a function of the blade
stagger angle, {) times the camber angle,®, divided by the square root of solidity,g,
(chord divided by spacinyg). The "experience factor" is x. The magnitude of deviation
angle will usually range from a low of 1.0 or 2.0 degrees for a nearly uncambered fan tip
to a high of pessibly 12.0 or 13.0 deyrees for a highly cambered hub influenced by a
« condarv flow field.

Diffusion losses are most commonly correlated in the Lieblein fashion of lcss

perameter versus diffusion {acteor, although the correlaticns are usually defined by more
recent data than used for Lieblein' original correlation of the 1950'c.

@ cosBa
2¢

b= (' _ !{1) + Vo1 - faVe2
W/ T ()W

Figure 3. Loss Parameter/Diffusion Factor Correlaticn

The Lieblein type of correlation is shown in Figure 3 where the loss parameter is
represented on the vertical axis and the diffusion factor on the horizontal axis.
Different curves are oiten used as a function of spanwise position and also to reflect
c1fferences between rotors and stators. The variables represented in the loss parameter
are:

relative total pressure loss coefficient

E!
"

. .
. 'Poy) saea1 ~ Po2
Por " Py
B2 = relative exit flow angle

o = solidity = chord/spacing
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The relationship between the relative total pressure loss cogfficient and the loss
parameter can be visualized as follows. Using the illustraticn of Figure 4,

\<:’ Figure 4. Relationship
of Loss Parameter to Relaiive
Total Pressure Logs Coefficient

consicer W to be directly proportional to the ratio of weke thickness to staggered blade

spacing which we write.

- el
w s cosBz

rer a given cascade and level . diffusion, @* is directly proportional to chord lengt
iA2so, assume that @*% will increase 1n proportion te the loss paraneter .

@*  Crvp

Combinina the above ve have

- o . w S cosﬂz . w cosB2
< o4 o

(The number 2 in the denominator of P is a residue of its original derivation from
incompressible turbulent boundary layer theory. It is obviously irrelevant to the
cerrelation.) In the expression for diffusion factor, subscripts 1 and Z represent inlet
and exit conditions, W represents the relative velccity, V represents the swirl
component of relative velocity and the formulation shown includes the effect of radius
change, The magnitude of diffusion losses can range from relative total pressure icss
coefficients of only a few hundredths at low diffusion factors and low stagger anqgles to
values exceeding 0.1 at higher loadings and staggers. More elaborate, but still
empirical, correlations are also used, such as that of Koch and Smith (7). The Koch and
smith model includes blade profile losses cue to surface diffusion and trailing edge
thickness as well as losses due to end-wall boundary layers and clearances. Vhen
part-span shrouds are employed, losses accounting for these should also be included.

foeundary
Gerived f1¢

r and wnle Liockage arve sometines proedicied or the hacis of methodse
lat piat+ beundery layer thecry such ag Jarcen [8) or Stratford [6).
cwever, these metheds are sutficiently unreliazbilc that bleckace is oftern cefined or the
i ol pas* experierce under simi circurmstances.  Blockages will g 11y
1.0 or 2.0 percent ur arm of @ Howeves, they will often
ercent withir & nachine arce sopetires higher. Aites +vhe first few
‘CeFOr, a repeating pattorr is often reached e te cecondary
say appreach a ple ioin stagec of about ff percent reoction or
pattern, ricing in retors and fallling in statere, in high rce

rixire.
develop a
staque,

2]

shock Losces

In the 1¢50's, the 1irst rescarch compressors cperatirg with rotor relative flach
rumbers in excess ©f one were desianed ard tested. Shock waves wern cxpectec onéd were
indeed cbserved It was soon determined tiat shock waves were regpounsible “or o
significant fracticn oI the losses encounterced.  This stirnlated formulaticn ¢f the tfirst
cpenly publisbed shock loss model br iiller, Lewis, and flarimann In 1961 (Y01, Tn
cxperinents it had becr: observed that, near peak eificiency, the shock wave near ¢!

Jetor tip appeared to be approximately ncermal to the flow and zlightly detarbed fron tne
l<eding edge. LPor purposes ol the model, the shock wan assumed te be perperdicular to
the camber line at the leading edge in the cascade plane. "he upstrear Mach number wes
aseured to be the average of the relative inlet Mack rumber at the lecading edce and the
Hach nurber esiinated to exizt at the sucticn surface viere the shock intersects at.

Thie lat*er Mach number was obtained Ly assuming that the fluid near the wuetion surface
wreergoes @ Prandtl-Meyer insentrepic expansion through ar argle eauel to the differernce
betweer the relative inlet ang.e and the sucticn surface metal ancle at the point of
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shock impingement. Note that, by averaging these twe Mach numbers, the model takes irtc
account the errects of solidity, camber, and stacgger as well as lfach number. agure o
illustrates the assumed flow pattern,

Figure 5. Two-Dimensiona!
Shock Loss Model

The Joss is precicted by the standard norne! shock eguation

k+l 1
N ] @
T

where

My = (M, + Mgg)/2 3

My = relative inlet Mach number

and Mss is fourd by expanding Mlr through the angle (Bl - Bss) using the Prandti-Meyer
relations.

The above model results in the discontinuous anset of shock loss at the sonic radius.
In realitv, some degree of shock lcss will exist inboard of the sonic radius at high
subsonic Mach numbers. A transition mcdel was proposed by Creveling and Carmody in 1568
[11]).

M
_ _Ar
Me=2 M Hp (&)

where Mi is the Mach number resulting from a Prandtl-Meyer expansion from Mach 1.0
through an angle equal to the relative turning angle (Bl - Bss) and Mlr is again the
relative inlet Mach number. This transition model is used in the region within which the
relative inlet Mach number is less than 1.0 but where the shock upstream Mach number
calculated according to Egq. (4) is greater than 1.0.

A more sophisticated model was proposed by Koch and Smith in 1976 [7]. They
hypothesized that shock losses arise from leading-edge bluntness effects and from the
blade passage shock structure. They suggest the following equation attributable to
Prince for the leading-edge bluntness loss.

8, . - - -2 (5)
where 2 tn {1 typ/(bcosB ) x [1.28(M, 1) +0.96(M) - 1) ]3

5 = entropy

R = the gas counstant

tLE = leading edge thickness
b = tangential blade spacing

According to the authors, "this expression represents the trend of results from a
method-of-characteristics-type analysis of the leading-edge flow field. It includes the
loss due to local strengthening of the leading-edge shock that is contained within the
passage as well as from the shock structure which propogates upstream of the leading-edge
plane.” For several experimental configurations examined, Eq. (5) predicted about
two-~thirds of the measured efficiency loss. The second part of this model represents the
shock-related losses associated with the diffusion process. Koch and Smith assumed that
this loss was equivalent t. the entropy rise of one oblique shock that reduces a
representative passage inlet Mach number to unity Mach number. This applies as long as
the relative exit Mach number is subsonic or sonic. When the exit Mach number is
supersonic, the oblique shock is - ‘sumed to reduce the Mach number to the relative exit
value. The representative pass:.: nlet "ach number is assumed to be a weighted average
of the maximum suction surface #t . number and the relative inlet Mach number. The
weighting factor selected to - .-ve - asonable agreement with limited high-speed
single-stage experience weighi- ' ~. Mach number estimated on the suction surface six
times as heavily as the relatise iniet Mach number. The normal shock model tends to be
adequate for fan - d comprese > >r stege. lesigned for military engines where the loading
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levels are quite high. However, for lighter loading levels such as would be
characteristic of a commercial turbofan, the passage shock is swept back in the passage
and the Koch and Smith model wov1d he likely to produce better results.

All of the above models are cascade-plane models; i.e. they are purely
two-dimensional. This has normally proven adequate for corpressor blade rows faving
aspect ratios of 2.0 or greater and having conventional leading-edge shapes. This vould
be representative of the vast majority of transonic compressors designed until quite
recent times. However, in the miG-1970's severnl low-aspect-iatio designs were aveiuated
which developed remarkably good efficiencies. It was finally observed by Prirce (12]
that spanwise obliquity of the shock surface might account for much of this improvenent.
This can easily be visualized by referring tc Fig. 6.

DIAECTION OF ROTATION

24.5"

RELATIVE FLOW
DIRECTION

SHOCK
SURFACE

SWEEP ANGLE ) (o

Figure &. Three-Dinensional Shock Surface Geometry

Pictured is a rotor with an inlet hub-tip radius ratic of 0.31, a relative inlet flow
angle at the tip of about 60 degrees, and an average aspect ratio of 1.22. This wag the
specific geometry of one of the stages tested in the mnid-1970's with better-than-expected
performance. Prince had further noted that, near peak efficiency, the passage shock still
appeared to be approujimately normal in the caecade plane. Thus, the shock surfoce
illustrated in Fig. 6 represents a noimal shock or each strearmsurface in the cascade
plane. (The fact that the shock vanishes near the hub has been ignored for purposes of
this purely geometric illustration.) Note that, since the solidity is high at the hub
ané the stagger angle is low, the shock impinges near +he leading cdge of the suction
surface near the hub. In cortrast, at the tip with a2 much lower sclidity and a higher
stagger angle, the shock impinges much f[urther aft on the suction surface. Thus, even if
the leading edge were a radial line, the shock surface where it impinges on the suction
surface could have significant spanwise sweep or obliquity just because of the airfeojl
twist and sclidity variation, If the Jleading edge hLas some sweep in addition, the
overall effect is exaggerated still further.

These obscrvations led to the three-dimensional shock less medel of Vennerstron ard
Puterbaugh [13]. For simplicity, it was patterned alter the normal shock model of
Miller, lewis, and Hartmann, however, with appropriate cerrection ior the spanwise
cbliguity of the shock. The angle of the shock surface relative te the upstrear flew is
calculated at the leading edge and the shuck impingerment point on each streansurface
vsing Lg. (6).

A = cos”! [cosB cose sin(¢-y) - sinB sine) (R)

mhe variables used in Eqg. (6) are illustrated in Figs., 7 and ®

m-n-8 system

m-n-8 system relative to r-x system

Fiqure 7. Meridinnal Plane Figure 8. Intrinsic Coordinates

The angle A, which is 90 degrees plus the sweep argle, is a function of streamsurfacc
slope ,®, the bladc lean angle, €, the relative flow argle, B, and cither the computing
station lean angle, Y, at the leading edge or the impingement line lean angle on the
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suction surface. The blade lear angle used is that relative to the computing station at
the leading edge or the impingement line on the suction surface. Properties across the
shock are then calculated in the standard fashion for obligue shocks using the normal
shock relations and an upstream Mach number equal to

M, = M|sinA| (7)
where M is the approach Mach number at the point in guestion.

In addition to introducing shock obliguity, one more departure was made from the
Miller, Lewis, and Hartmann model. In the original model, the two Mach numbers obtained
on each streamsurface were simply averaged according to Eq. (3) to obtain an upstream
chock Mach number for calculating the total pressure ratio. In the three~dimensional
model, the authors inteqgrated the total pressure ratio from leading edge to suction
surface since the total pressure is not a linear function of either Mach number or
obliquity. The Mach number and the spanwise shock obliquity were assumed to vary
linearly from leading edge to suction surface. Then a three-point Simpson Rule
integration was used to define the shock total-pressure ratio on each strearsurface. The
effect ot integrating along the surface is shown in Fig 9.
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Figure 9. Loss Error from Averaninn

The threc-point integration produces a more congervative result {(j.e. a higher loss)
than the simple average. However, more than three points is not warranted in view of the
absolute accuracy of such & loss estirmate. The trancition region for high subsonic Mach
numbers was treated analogously tc Eq. (4). MAdjusted for sweep, this now becones:

le
Me* 2 |eina| My + M) (R)

Within the transition region, a blade-to-blade integratior was not perfcrmed. The
average (mid-passage) value of A was used in Fyg. ({8). The maonitude of the changes ir
predicted quantities caused by consideration of spanwise obliquity is shown in Tables 1
and 2 for the roter illustrated in Fig 6. In column four of Table 1, Lhe relative total
pressure loss coefficient attributable to the shock is shown for the Miller, Lewis, and
Hartmann two-dimensional model, Columns five and six show the magnitude cf the sweep
angles calculated at the leading edge and impingement line respectively. Column seven
shows the loss crefficients as adjusted for spanwise shock obliquity.

Table 2 shcws the difference in predicted overall stage performance with roughly two
peints in efficiency beina attributcble to the c¢hliquity of the shock surface.

Table 1. Table 2.
Shock Loss Calculation Parameters Performance Comparison for Transonic Stage

g ML X
EHERIHE CYR

TOTAL PRESSURE
RATIO 2.026 2061 2068

r}
ase1 | 3857 00 | 3888
08| 7.020] 0.0 | 3297 | 3201 | 00

ave4 | 7726 | 0.008 | 21.19 [ 2090 | 0.001 EgiN'TRONC“ 8896 8907 8800
1223 | 8.790 | 0043 | 18.14 | 2110 | 0.024 GIENCY.

1488 | 2771 | 0104 | 1884 | 2143 | 0073

1667 |-0783 | 0180 | 12.04 | 24.50 [ 0123

R3|B|o|>|~

The whole idea of correcting for sweep or shock surface obliquity derives from
classic concepts derived for swept wings ard oblique shocks. Namely, it is the component
of Mach number perpendicular to the shock surface which determines the static pressure
rise and total pressure loss. Consequently, the same concepts can readily be applied to
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more sophisticated models such as that of Koch and Smith [7). Also, although rotors will
typically experience the highest Mach numbers and therefore can best exploit shock
obliquity, the same principles can be applied to stators to alleviate locally high Mach
numbers at the hub. In [14]), Wennerstrom has described a stage design in which the
stator leading edge was deliberately swept forward at the hub in order to reduce the
component of Mach number normal to the leading edge consistent with swept wing theory.
The concept is illustrated in Fig. 10.
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The design logic ran as follows. NACA data for subsonic cascades illustrated that
cascade incidence range increased in inverse proportion to Mach number down to
approximately M = 0.4. At lower Mach numbers, no further increase was observed.
Therefore, the stator leading edge sweep at the hub was set at an angle which resulted in
the Mach number component normal to the leading edge being approximately 0.4; the
absolute Mach number was approximately 1.02., The leading edge was then curved back
forward for two reascns. First, a leading edge intersecting a casing wall at an acute
angle is likely to be a high source of loss even at subsonic Mach numbers. Second, it
minimized the axial length of the stage while allowing adequate solidity to be maintained
at the stator tip. This expedient was completely successful in eliminating any
observable hub shock loss. A subsequent design which applied the same logic to a
different configuration has operated at hub Mach numbers as high as 1.2 without okLservable
shock losses.

Through-blade Assumptions

The area where the designer's intuition and judgement become most important concerns
the interior of the blade row in a through-blade design. The parameters which must be
distributed, listed in approximate order of importance, are departure angle, losses, and
blockage. We will use the term departure angle within a blade row to define the
difference between the circumferential average relative flow angle and the camber line
angle. However, recognize that this equals the incidence angle at the leading edge and
the deviation angle at the trailing edge. Very little data exists on the distribution of
these parameters within blade rows. What little does exist is generally derived from
laser velocimetry measurements, and this data is both incomplete and of debatable
accuracy for this purpose. Computational fluid dynamics, comprised of both
viscous-inviscid interaction methods and Reynolds averaged Navier-Stokes codes, shows
promise of providing this information in the not too distant future. However, most
through-blade designs done up to now depend on assumptions and these are what will be
discussed here.

The departure angle is by far the nost critical assumption. Small errors in angle at
high stayger angles, near a fan tip for example, can result in large variations. We have
approcched this as follows, At the leading edge, the departure angle must equal the
incidence angle. At the trailing edge, it must equal the deviation angle. A third
houndary condition which can be imposed is that, in order to satisfy the Kutta condition
at the trailing edge, the rate of change of departure angle approaching the trailing edge
must be approximately the same as the rate of change of the camber-line angle in order to
unlcad the airfoil. A fourth and final condition is that we know that the departure
angle within the fully covered portion of the blade passage, especially at higher
soliaities, must be very small, In fact, for S-shaped blades typical of modern fan tips,
it canr even be argued that the departure angle should be slightly negative in portions of
the passage. At this point, if one now thinks of a plot of departure angle versus
meridional distance from leading edge to trailing edge, we now have four boundary
conditions to define a curve: a level at the leading edge, a Jevel at the trailing edge,
an approximate and very small level in the middle region of the passage, and a slope at
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the trailing edge. Given these four conditions, it is up to the designer to use his
judgement in drawing a sensible and swooth curve. An example of the departure angle
distribution is shown in Figure 11,

LE TE
Figure 11. Typical Departure
Angle Distribution

The interior meridional distribution of losses within a bladc row has a much smaller
effect on the results. A great many successful designs have bheen accomplished with
nothing more elegant than a Jinear distribution of the overall Llade-element loss from
leading to trailing edge. A good piece of advice is that uniess vou have a very gooo
reason to make a more elahborate assumption, select the simplest possible one., A logical
basie for a slightly refined assumption might be the following. OCnce a design has been
roughed out, by assuming a shock geometrv in the cascade plane, ore can identifly what
portion of the meridional cross-section of the blade passage the shock wave will cover,
The shock portion of the loss can be assumed to be linearly distributed cver that
portien. lMost of the diffusion loss will occur downstrean of the shock. Tt will also
irclude some mixing loss downstream of the trailing edge in the blade wake. Thus, the
remainder of the loss could be assured to be linearly distributed from where the shock
icss terminates to either the trailing edge or some distance downstream of it, depending
on where one wishes tc distribute the mixing loss.

Rlockage is ancther parameter which it is difficult to distribute on any firm
scientific basis. many designs have simply distributed it linearly across blade rows.
Tt is probably just as often distributed non-lirearly based uron a designer's evaluation
of past experiments with similar machines, ‘The safest approach is similar to that
recommended for losses; namely, unless vou have a good reason to use something more
elaborate, stick to a linear distribution.

Design Control and Optimization

There are, in principle, an infinite number of designs which might satisfy all of the
foregoing criteria for a given blade row or stage. One of the designer's goals is to
have some rational basis for selecting the one best design to meet his objectives. The
preliminary design will normally have established solidity levels and loading levels such
that stall margin and other design goals can reasonably expect to be met. Structural
design considerations will have largely defined blade and edge thickness distributions.
At this point in a design, the major aerodynamic optimization goal will generally be to
achieve the desired performance with minimum losses.

If one could calculate losses directly without resort to empiricism, then a rational
search procedure could be devised to minimize losses themselves. However, the
state-of-the-art has not yet advanced to this point. A shortcoming of the empirical loss
prediction schemes is that they are not particularly sensitive to nuances in a design, A
wide range of designs may be predicted to have the same performance, Thus, a more
indirect approach is called for. The next most obvious approach woculd be to look at the
boundary layer behavior and attempt to minimize separation. However, reasonably good
methods of dealing with strong viscous effects coupled with high Mach numbers are just
now beginning to reach fruition. What will be described here is a simpler method
developed over fifteen years ago when good cascade plane computations for high Mach
number viscous flows were only a faint hope on the horizon. The method has been very
successful and several examples of its use will be illustrated.

The logic of the method presented is as follows. What we would really like to do is
to minimize adverse pressure gradients on the airfoil surfaces. However, let us assume
that the cascade plane computations available are not sufficiently reliable. Therefore,
let us further assume that, if the meridional static pressure gradient as calculated by
an axisymmetric through-flow analysis is minimized, we will have made a major step toward
also minimizing gradients on the airfoil surfaces. Now, the absolute minimum would be a
linear increase in static pressure from leading to trailing edge. However, this is an
unachievable objective because the Kutta condition would not permit an airfoil to sustain
loading all the way to the trailing edge. Therefore, let us assume that our objective
will be to achieve as linear as possible a gradient from the leading edge to
approximately the three~quarter chord position. From that point to the trailing edge, the
aradient should gradually taper off in deference to the Kutta condition. A distribution

aving this character ie illustrated in Figure 12,
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LE TE
Fijure 12, Siatic Pressure
Optimization Objective

Design control in order to achieve this objective is achieved largely thrcugh three
variables. The most important are the enthalpy rise through a rotor and the angular
nomentum variation across a stator. The third variable is the annulus wall shape,
although it is usually desirable to keep annulus wall curvatures to an absolute minimun,
Consequently, we most often introduce only very subtle changes in wall shape. Also, for
practical reasons of maintaining tip clearances, it is usually desirable to keep the
annulus over rotor tips cylindrical, or at worst conical, but not curved in the
meridional direction.

A very convenient and practical starting point for a new design is to begin by
assuming a linear enthalpy increase on each streamsurface across rotors and a linear
angular momentum decrease across stators. Although this will not be an optimum solution,
it will be close enough to a realistic one that it provides an excellent basis from which
the design iterations aimed at optimization may proceed. An optimum sclution defined as
above will normally have non-linear distributions of enthalpy and angular momentum, but
they will not be far from linear and will normally deviate smoothly.

The annulus wall shape chosen to begin a design should be as simple as possible
consistent with the aspect ratios chosen and the contraction ratios required. Wall
curvature should be minimized. In fact, if aspect ratios are chosen which are initially
too high or are poorly distributed axially, undesirable static pressure gradients may be
calculated which can only be avoided by reducing some aspect ratiovs. An example case for
which subtle changes in wall shape may prove of great benefit is at the hub of a rotor
turning near to the axial direction relative to the rotor. When a rotor turns the flow
to approximately axial, the pressure distribution in the last half of the blade row
becomes very insensitive to even significant changes to the meridional enthalpy
distribution. In such a case, once somewhat reasonable enthalpy distributions have been
defined optimizing most of the blade row, further small adjustments to the hub contour
may prove the key to achieving the optimization objective.

The next two figures illustrate the extent to which the optimization objective was
achieved for the rotor shown earlier in Figure 6. Figqure 13 shows the final design
pressure distributions at the hub, mid-span, and tip as obtained from the axisymmetric
through-blade design computation. At the mid and tip radius, the optimization objective
was reasonably well achieved. At the hub, because the rotor had a steep 32 degree ramp
angle and turned the flow approximately to axial, the static pressure gradient could not
be reduced without actually removing work from the air which would have been undesirable.
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Figure 13. Rotor Design Meridional Static
Pressure Distributions
Figure 14 illustrates the final design meridional enthalpy distributions which resulted
in the static pressure distributions shown in Figure 13.

They are not far from linear and thus it is evident why a linear distribution is often a
convenient starting point with which to begin the detail design process. Although at
first glance, one might assume that a work distribution at the hub which was decreasing
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in slope, or at least linear, instead of increasing in slope might have nade it possible
to achieve the original cptimization objective at the hub, this was not the case. A nore
nearly linear hub distributicn would have re¢sulted in the static pressure rising more
steeply, then flattening out or even falling, only to rise again near the trailing edge.
This was felt to be undesirable and thus the minimum gradient was e¢ssentially linear fronm
leading to trailing edge.

Sample Results

“he methods outlined above have proven such a simple and dircct, as well as
effective, design approach that they have hcen applied without veriation to inlet guide
vanes, rotors, and stators covering ar inlet Mach number range from approximately 0.6 to
more than 1.6. Three examples will be illustrated which span most of this range. They
include a subsonic stator section, a supersonic fan tip section, and & supersonic retor
section with substaniial camber. Ahll three met design ckjectives ard did so with low
losses.

Figure 15 shows the static pressure distribution arourd a subsonic stator section at
approximately mid-span operating in a full compressor stage at near design-point
conditions. The approach Mach number for this operating condition is approximately U.&5
ard the diffusion factor was about G.4. What one chould observe is a modest suction
surface expansion confined tc a region near the leading c¢dge followed by a smoothly
decreasing rate of diffusion with no sign of separation. The gradient is steepest where
the boundary layer is best able to handle it and then decreases snoothly as the boundary
layer grows. If one would corpare the appearance of this blade in the cascade plane with
a circular arc it would have more camber in the aft portion of the hlade. Figure lo
shows the pressure distribution arcurd a fan tip section as tested in a two-dimensioral
cascade wind tunnel. The cascade has an S-shape¢ camber line.
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Pressure Distribution

This type of airfoil is often called a precormpression airfoil because of the negative
camber in the leading edge region ceusing a focussing of supersonic cumpression waves
from the suction surface. 1t was designed for a Mach number of abcut 1.62 and a
diffusion factur of about 0.52. The important thing to note in this figure is that the
pressure on the suction surface irom the leading edge to the passage shock impingement
point is practically constant and at a value slightly in excess of the upetream value.
Thus, there is no significant supersonic expansion upstream of the shock impingerent
point, actually a very small precompression, and then suction surface diffusicn proceeds
smoothly all the way to the trailing ecge.

Figure 17 illustrates the third example. This airfoil was also tested in a cascade
wind tunnel, bhut not two-dimensicrally.

This section in the actual rotor had approximately fifty percent contraction in the
stream tube area across the blade row. This contraction ratic was duplicated with the
cascade wind tunnel sidewalls, and all meastrements werc made in mid-passage in the plane
of symmetry. This was designed for an inlet Mach number of 1.46 and a ditfusion factor of
about 0.58. It had about 25 degrees of camber and did not have ary negative canmber.

Once again, observe that the suction surface pressure is rearly flat up to the shock
impingement point. Following that, diffusion is smooth and gradually declining all the
way te the trailirg edge.
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Fiaure 17. Supersonic Rotor Static
Pressure Distribution

An interestiny conclusion which can be drawn is that the simple optimization method
described herein is capable of defining desirable airfeils over e broad bané of tiach
numbers. Better methods are available for very low Mach numbers. Other sonewhat superior
methods currently employed for high subsonic tlach numbers are much rore time consuming,
e.q. "controlled diffusionr” airfoils. It is not yet apparent that alternate methods
available for supersonic Mach numbers are in any way superior,

Other Aerodynamic Considerations

There are a varietyv of other factors primarily ctf aerodyraric concern which rust be
taken into account in the design process. Five of them will be discussed here. The marss
flow through any sireamtube in which the lHach number relative to the blades ic supersonic
is controlled by the inlet wave patterr if: (1) the tlow is "started", i.e. the passage
shock has been swallowed, and (2) the cascade throat area is sufficiert to avoid choking.
Ir fact, if the throat is tco small, the passage will never achieve the started
condition., All efficient supersonic blade sections operate in the started condition at
their design point. The foregoing design process in most cases automatically leads te an
adequate threoat margin. What it dces not automatically provide is the correct incidence
angle. The inlet wave system controlling the flow consists of a bow shock propagating
upstream from the leading edge and a series of exparsion (sometimes compression! waves
propagating fror the suction surface arft of the lecading edge vp to what is termed the
first captured Mach wave. The Ffirst captured¢ Mach wave is that wave which first
encounters the leading edge of the next blade. Any waves turther inside the cascacde
carnot propagate upstrearm and thus caunot inriuerce the {low swallowing capacity cf the
rascade. This wave pattern igs illustrated in Ficure 18.

Figure 18. Supersonic Cascade Inlet Wave Pattern

For a given streamtube contraction ratio, sometimes called axial-velocity/density ratio,
and a given inlet Mach number, any given cascade will have a unique incidence. This may
or may not correspond to the flow which the designer wanted going through that
streamtube. Ar incidence distribution nust first be selected bhased upcn past experience.
For most supersonic blade sections, this will correspond to a value of abcut 1.0 to 2.0
degrees rclative to the sucticon surface. However, once & design has been laid out, the
dericner should do a cascade plane analysis of the inlet wave pattern at several radii to
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see if each sectior passes the flow intended. The flow in this region is largely
inviscid. The most accurate method is probably the method of characteristics., However,
time dependent cumputaticrs have also been used successfully for this purpose. 1f the
correct flow is not passed, the incidence must be adjusted up or down and a new design
accomplished.

Sciidity is another important parameter which the designer must consider. Since the
solidity is included in the loss parameter which is usually correlated with diffusion
factor, in some instances one can compute an "optimum" solidity in the sense of that one
resulting in minimum loss., However, in most practical cases, the resulting value is too
low because it may lead to insufficient stall margin. One rule of thumb used for many
years has been to set the tip solidity of a trangonic rotor at a value approximately
ecual to the relative inlet Mach number at the tip. This rule of thumb was gleaned from
observation of many of the more successful NACA transonic rotor designs of the 1950's.
However, depending on the amount of turning required and the level of diffusion, the best
value may be higher or lower. Where a lot of turning is coupled with high Mach number,
significantly higher solidity may be required to keep shock losses down by minimizing
suction surface expansion upstream of the passage shock. Another way of arriving at the
solidity level for a fan tip section, which may have a very high Mach number but nearly
zero turning in the relative frame, is to insure that the solidity is high enough so that
2 weak ohlique shock wave from the leading edge of one blade will impinge on the suction
surface of the next hlade upstream of its trailing edge. A weak cblique shock
corresponding to the relative inlet Mach number and the angle of incidence to the
pressure surface is the weakest shock likely to exist in the blade passage. This
situation is illustrated in Figure 19.

Figure 19. Yeak Oblique Shock at Pressure Surface Wedge Angle

An impingement point about ten to twenty percent chord upstream of the trailing edge is
an intuitively made arbitrary choice intended to insure that the shock will always be
contained in the passage and to leave some margin to satisfy the Kutta condition. Most
designs for which the solidity level has been low enough to allow a passage shock to miss
the next hlade have been rather unsuccessful. The example shown in Figure 19 is from the
same compressor illustrated in Figures 6 and 16 and described by Wennerstrom [14]. For
multistage designs, solidity is often roughly defined by stall margin criteria introduced
irto preliminary design procedures such as that of Koch (15] or Schweitzer and
Garberoglio [16]. FKowever, values arrived at in this manner usually need to be retined
in the detail desiqn process based upon more precise loss models, etc.

The ramp angle is the angle of the hub flowpath relative to the axial direction. The
pressure retic of a stage and the lcading distribution between blade rows will
approxinately determine the area contraction required across each hlade row. The choice
of aspect ratio will then approximately determine the ramp angles, presuming little or no
radius change at the tip, There is a reluctance to design for a ramp angle greater than
about thirty degrees for an axial flow conpressor. Most designs fall well under that
value. More important than the absolute value perhaps is the smoothness of the hub
flowpath. Ideally, one would like to see ramp angles declining monotonically from inlet
to exit. A staircase shaped flowpath configuration would be among the least desirable
but is not always avoidable. The main objective is to minimize streamline curvature
effects along the flowpath. Every expansion around a convex surface in excess of what is
required must recessarily be followed by a diffusion. Since every blade row in a
compressor is a diffuser (neglecting inlet guide vanes), every effort should be made to
aveid any unnecessary diffusion which will detract from overall loading capability or
rtall margin. Hence, the smoother the better is a good rule of thumb for flowpath
design.

Figure 20 illustrates the flowpath of the single stage compressor described by
\'ennerstrom [i4]. Note that the hub is conical over the rotor and is a circular arc
through the stator.

Althkough in many flow situations it is desirable to avoid discontinuities in surface
curvature, i.e. to maintain continuous second derivatives, for this design it vras
determined that maximizing radii of curvature had a more beneficial effect on velocity
profiles.

Another example is shown in Fiqure 21 for a three stage compressor.

~
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Figure 20. Single-Stage Compressor Flow-Path
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Figure 21. Three-STage Compressor Flowpath

This was a highly loaded relatively high Mach number design where it was necessary to
contract the flowpath ruch more across rotors than across stators in order to maintain a
good loading distribution between blade rows. Here a staircase shaped hub flowpath was
unavoidable, but every effort was made to minimize local extremes in curvature.

The smoothness of distributions is not only important for the flowpath. It is of
vital importance for every single parameter employed in a compressor design. This is
rather obvious with respect to airfoil mechanical design parameters such as chord length
and thickness distribution. It is less obvious but egually important in distributing
such things as the enthalpy rise acrcss rotors and the angular momentum change acrcss
stators. Any lack of smoothness in either chordwise or spanwise distributions will be
reflected in peculiarly shaped airfoils and some loss in performance. One technique
which has been found successful for insuring smooth enthalpy and angular momentum
distributions over airfoils is an adaptation of thin plate deflection theory from stress
analysis. At the same time, it minimizes designer effort required to adjust these
distributions. The technique works as follows. The grid composed of computing stations
and streamsurfaces which defines an airfoil is mapped into a rectangle. One edge of this
rectangle is fixed and assigned the leading edge values of the distribution. The
opposite edge is fixed and assigned the trailing edge values of the distribution. Then,
by imposing a deflection (read parameter variation) at a very few points on this surface,
the entire surface will smoothly deform in a way insuring minimum gradients over the
entire surface consistent with the boundary conditions. In stress unalysis, this is
termed a surface of minimum strain energy. tThis is illustrated in Figure 22,

If the initial distributions are analyvtically defined in some simple way, for example
linearly, then their smoothness can be guaranteed. Then if this technigque is used to
adjust these distributions as the designer attempts to optimize a design, smoothness will
be preserved and the number of quantities which the designer has to input are alsc
minimized.

Airfoil stacking is another tactor which the designer must consider. The so-called
stacking axis is a radial line to which the coordinates of an airfoil are referenced.
Thus, when a series of airfoils distributed along the span are referenced tc a stacking
axis, the three-~dimensional shape of the airfoil is defined. In rotors, the designer has
very limited latitude in that the centroid of each cross-section cannot depart far from
this stacking axis or unacceptable centrifugal stresses will be developed. Centroic
stacking is usually the starting point for rotors. However, subsequent stress analysis

may indicate that modest off~sets from the stacking axis in some spanwise locations may
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reduce stresses, deflections, and untwist. With stators of fixed geometry, the designer

has a wide latitude to stack the blades any way which suits his purpose. For examplie,
the stators installed in the booster stages between a high bypass fan and core compressor
are often in an inward sloping flowpath. Here the stators are often deliberately leaned
circumferentially so that the blade force terms in the radial equilibrium equation w%ll
help turn the flow inward toward the core. With variable geometry stators, here again
there is less freedom. The stacking axis cannot depart too far from the mid-chord
position or unacceptable end-wall clearances will result when the stator is set at
certain angles.

Mechanical Design Considerations

The last factor which will be discussed is structural considerations. It is
relatively obvious that the designer must choose his material, thickness, and chord
distributions such that adequate margin exists between the centrifugal stress and the
yield strength of the material at the temperature at which the machine must operate,

This margin is to permit a vibratory stress to be superimposed on the steady state stress
while still retaining infinite fatigue life. Prevention of high cycle fatigue is a major
aim of the structural designer. Problems in this area account for a significant
percentage of development and operational costs of a gas turbine engine. The two
principal types of vibration which can cause high cycle fatigue are forced vibration and
flutter. Forced vibration is defined as an externally excited oscillating motion where
there are forces acting on the component which are independent of the displacement.

Where the forces acting on the component are functions of the displacement, velocity, or
acceleration of the component and these forces feed energy into the system, the
self-induced oscillations are classified as flutter. Most of the material discussed in
this section was abstracted from Snyder and Burns, Chapter XXII of [17]. However, for
more complete coverage of the present state-of-the-art in this area, the reader is
referred to the entire two-volume set comprising this reference.

Forced vibration is the result of external forces acting on the blade, disk, or vane
component. Accurate calculation of the undamped natural frequencies and mode shapes is
required if one hopes to achieve an acceptable minimum weight geometry subject to forced
response. The most cormon sources of forced vibration are shown in Table 3.

TABLE 3 TABLE 4

Sources of Unsteady Forces in Rotating Turbomachinery StructuresSTEP 1 IDENTIFY POSSIBLE SOURCES OF EXCITATION

o Aerodynamic sources STEP 2 DETERMINE OPERATING SPEED RANGES
o Upstream vanes/struts (blades) STEP 3 CALCULATE NATURAL FREQUENCIES
o Downstream vanes/struts (blagdes)
o Asymmetry in flowpath geomatry STEP 4 CONSTRUCT RESONANCE DIAGRAM
o Circumferential inlet flow distortion
(pressure, temperature, velocity) STEP S DETERMINE RESPONSE AMPLITUDES
© Rotating stall
o Local bleed extraction STEP 6 CALCULATE STRESS DISTRIBUTION
o Mechanical sources STEP 7 MODIFIED
o0 Gear tooth meshes STEP § DETERMINE BIGH CYCLE PATIGUE (HCF) LIFE (FINITE OR INFINITE)
© Rub

STEP 9 REDRSIGN IF MCF LIFE IS NOT INFINITE

STEP 10 CONDUCT STRAIN-GAGED RIG/ERGINE TEST TO VERIFY PREDICTED RESPONSE
AMPLITUDE
There are ten basic steps involved in designing to prevent high cycle fatigue due to
forced vibration. These are itemized in Table 4.

These steps involve evaluating the environment in which the component must operate (Steps
1,2, & 5), predicting the aeroelastic characteristics of the component (Steps 3-8),
investigating possible design changes (Step 9), and finally the actual measurement of the
dynamic response of the component in the engine environment (Step 10). Step one calls
for an identification of possible sources of excitation drawn from the inventory of Table
3. Step two concerns the speed ranges which the component will actually experience in
service. Step three for most advanced designs will usually be done using a finite
element analysis. Where disk flexibility is a factor, this must also be included. A
typical example of a finite element mesh for a compressor blade is shown in Figure 23.
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figure 23. Example of Finite Element Mesh

This particular example used triangular plate elements and assumed a rigid disk.
Depending upon the complexity of the airfoil, volumetric elements are also often used,.
Disk flexibility is often a factor and, when this is so, additional elements representinc
the disk are also included. The stiffness and mass matrices formed by these elements are
solved to compute the natural frequencies. The more elements used, the more precise is
the mathematical model.

Step four involves a presentation of the results of Step three in some manner which
facilitates the identification of potential problems. This is most often accomplished by
construction of a blade (and disc} resonance diagram often called a "Campbell™ diagram.
This is illustrated in Figure 24,
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Fiaure 24, Rlade and Disc Resonance Diagram

Note that the resonant frequencies of the airfoil increase non-linearly with speed; this
is a result of the increasing stiffness of the airfoils as centrifugal stress increases.
One of the designer's goals is to attempt to minimize the intersection of any airfoil
resonant frequencies, particularly the lower order modes, with any excitations likely to
be experienced in the compressor's operating range. This goes from l-per~rev associated
with unbalance, 2-per-rev associated with a common inlet distortion pattern, to N-per-rev
associated with immediately adjacent blade rows up-and downstream. All of the items
listed in Table 3 represent potential excitation sources which bear examination.

Step five of Table 4, determination of the response amplitudes, is typically where we
must resort to experience and empiricism. This empiricism may group typical blades by
common mode shape, damping, type of source, and distance from the source to correlate
with response experience. The use of an empirical method for estimating response is due
to a current inability to adequately predict the strength of the forcing functions
produced and the damping present in the gas turbine environment. The estimation of the
blade stress distribution, Step six, is made by introducing the empirical estimates of
Step five into a finite element stress computation. A modified Goodman Diagram is
constructed from the properties of the material chosen, Step seven. An example is
illustrated in Figure 25.
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From that, the vibratory stress margin is es
accomplished. If the result of Step eight is
accomplished. Otherwise, the final result i
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25, Typical Modified Goodman Diagram

timated permitting Step eight to be
not satisfactory, Step nine must be
8 evaluated in Step ten from rig and/or

engine tests. If redesign were required to obtain infinite fatigue life, a menu of

possible changes is illustrated in Table 5.

TABLE S

Typical forced vibration redesign considerations

o
3

)

o

o

With respect to flutter, the designer is
rather than attempting to predict a specific
vibration. The objeci with flutter is to av
vibration is unavoidasll - and must be dealt w
flutter exists when tne energy absorbed by a
equals or exceeds the energy dissipated due
vibratory stress level. Since, in most syst
design criteria cssentially becomes designin

The five most common types of fan/compre
map in Figure 26.

There are five design parameters dominant in

1. Reduced Velocity
2. Mach number

PRESSURE RATIO

Proximity of sources (gap/chord, FP/Q)

Number of sources (resonance speed)

Geometry of sources (lower disturbance)

Geometry of resonant piece (stiffness and mass distributions)
Boundary conditions (type of fixity)

Increase system damping (coating, fixity}

Amplitude limitation (shroud gap)

Increase fatigue strength (geometry, material, temperature)

primarily interested in predicting its onset
vibratory response Jevel as with forced
cid it entirely whereas some level of forced

ith. As mentioned earlier, the condition of
n airtoil due to negative aerodynamic damping
to structural damping at the equilibrium
ems, the structural damping is not large, the
g for positive aerodynamic damping.

ssor flutter are illustrated on a compressor

SUPERSONIC
STALL
ALUTTER

SURGE LINE AI00 TYPE

SUBSONIC/TRANSONIC - SRS SUPERSONIC
STALL FLUTTER
ALUTTER

CORRECTED MASS FLOW RATE

Figure 26. Types of Fan/Compressor Flutter
the prediction of flutter. They are:

.

3. Blade lcading parameter
4., Static pressure/density
§. Vibratory mode shape
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The first four parameters are all aerodynamic. The fifth, the vibratory mode shape, is
necessary since the vibratory displacement directly affects the magnitude and sign of the
unsteady aerodynamic work per cycle. All five parameters are relevant to each type of
flutter and are important elements of a flutter design system.

The first two parameters are dimensionless and appear in the governing equations for
unsteady flow over a vibrating airfoil. Reduced velocity is defined as the ratio of
relative inlet velocity to the product of hlade vibratory fregquency and blade semi-chord
length (semi-chord equals chord/2). 1In general, the reduced velocity parameter will have
a value between 1 and 5 at the flutter stability boundary.

v
Reduced Velocity = bWw

A variety of blade loading parameters have been used for flutter correlations. These
have included incidence or non-dimensional incidence, pressure ratio, diffusion factor,
choke margin, and others. Either static pressure or density has been used as the fourth
parameter. The primary effect of changing air density (or pressure) is a proportional
change in unsteady aerodynamic work per cycle and therefore in aerodynamic damping.
Increasing gas density is stabilizing if aerodynamic damping is positive; it is
destabilizing if aerodynamic damping is negative.

The final dominant design parameter is vibratory mode shape. Since the blade
unsteady surface pressure distribution is also a function of the blade mode shape
{motion), the aerodynamic damping is also a strong function of the vibratory mode shape.
The mode shape may be pure bending, pure torsion, or a coupled complex mode combining
both bending and torsion. The low aspect ratio fan and inlet stages now entering service
are particularly subject to these coupled modes if flutter is experienced.

Of the types of flutter illustrated in Figure 26, classical unstalled supersonic
flutter is the only type of flutter for which a reasonably accurate analytical design
system exists. The term unstalled is used because unstalled supersonic flutter is
encountered when the stage is operating at a low pressure ratio relative to its
potential. Classical is used because of its similarity to classical aircraft wing
flutter. The existing analytical design system contains a blade-disk-shroud vibrational
analysis, an unsteady flat plate cascade analysis, and an aerodynamic damping
calculation. The result is the capability to calculate the aerodynamic damping for each
mode (and nodal diameter if necessary) of a compressor blade/disk assembly. The simplest
empirical classical uninstalled supersonic flutter design system consists of plotting
available data on a plot of reduced velocity versus inlet Mach number and drawing a curve
(flutter boundary) which best separates the flutter and non-flutter data points. Such a
curve is illustrated in Figure 27.

N FLUFTER
b .
STABLE
OPERATING
LINE
10 INLET MACH NUMBER

Figure 27. Typical Empirical
Flutter Correlation

Any point below the curve should indicate freedom from flutter. data points indicating
the onset of flutter should be clustered about the shaded line. In general, all blades
flutter at a comron frequency.

Another of the types of flutter depicted in Figure 26 which can be empirically
correlated by this apprcach is the Al00 type supersonic stall flutter. The de<ignation
Al00 derives from the model number of a particular engine in which this type of flutter
was first obnerved. It is characterized by a torsional vibration of a shroudless blade.
Its aerodvnamic characteristics are unique in that there are stable operating points at
hoth high and low loading but there is an intermediate range of loading at a given
corrected speed which is unstable. All blades tend to vibrate at the same frequency and
irterblade phase angle in this mode.

The simplest forn of correlation for the remaining three types of flutter depicted in
Figure 26 is a plot of reduced velocity versus incidence angle such as sh wn in Figure
?8. The first tyvpe illustrated in Figures 28 and 29 is subsonic/transonic stall flutter.
Experience has shown that with such a correlation with parameters chosen at a
representative spanwise location, it is possible to ;eparate most of the flutter and
non-flutter data with a curved line. The points A,b, and C shown in Figure 28 are the
same ones shown in Figure 29 on a conventional compressor map. This type of flutter can
prevent acceleration up an engine operating line. An unacceptable design can be
corrected by design changes which decrease the reduced velocity, the blade loading or
incidence, some combination of both, or by rematching the engine to lower the engine
operating line on the map.
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Vibratory mode shape is also & dominant subsonic/transonic stall flutter design
parameter. For a given reduced velocity, a bending mode is much more stable than a
torsional mode with the nodal line located near mid chord. This is illustrated in Figure
30 and requires that the designer evaluate the flutter margin in both modes. If bending
and torsional modes are coupled by the presence of a flexibile disk or part-span shroud
cr tip shroud, the ratio of bending to torsional motion and the phase angle between them
must be considered in the flutter analysis. This is illustrated in Figure 31.
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Figure 30. Flutter Correlation Figure 31. Flutter Correlation
for Shroudless Blades for Modes Coupled Through a
Flexible Disc or Shrouds

Characteristics of subsonic/transonic stall Zlutter include non-integral order vibratory
response, speradic amplitude with time, stress levels which may remain constant or
inctease with blade lvading, and blades which may vibrate at different frequencies ard
amplitude in the same mode, whether bending, torsion, or coupled.

Supersonic stall flutter can be empirically correlated in the same way as
subsonic/transonic stall flutter. However, like unstalled supersonic flutter, all blades
tend to vibrate at a common frequency. Experience indicates that the mode is generally
first bending.

The last type of flutter, choke flutter, can also be correlated in the manner of
Figure 28 as a function of reduced velocity and incidence. 1In the transonic flow regime,
this usually corresponds to a negative incidence condition. Design changes to avoid this
condition are the opposite of those to avoid stall flutter; namely an increase in reduced
velocity or an increase in incidence would move one away from a choke flutter boundary.

Prior to manufacturing, for most designs, it is also important to correct the
aerodynamic design for deflections due to steady state stresses and temperatures so that
in the hot running condition the geometry will conform to the designer's intent. This
means that the parts as machined will be slightly different. For high aspect ratio
airfoils with shallow ramp ancles, heam theory is often adequate to compute stresses and
deflections. The corrections for deflection are then limited to a restaggering of the
airfoils However, at lower aspect ratios and particularly with steeper ramp angles, a
full finite element stress analysis must be accomplished and the deflection corrections
mwust be applied over the whole surface. Thus both camber and stagger distributions are
modified to define the cold static geometry.

Design System Weaknesses

The greatest weakness in axisymmetric design systems is the fact that they are
axisymmetric and do not normally take secondary flows into account. Secondary flows are
defined for this purpose as any flow which violates the assumption of flow confined to
concentric streamtubes with no spanwise mass, momentum, or energy exchange. However,
major progress has been made toward removing this deficiency in recent vears. This also
permits inclusion of end-wall losses where they actually occur since mixing precludes
their accumulation in end-wall streamtubes. The improvements have resulted in a hybrid
type of computation through which simplified empirical models of the more important

— W
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secondary flow features are incorporated through superposition on an axisymmetric
computation. Since the computation with a streamline curvature code is inherently
iterative, this is relatively straightforward to accomplish. 'The solution is typically
started in the normal axisymmetric fashion and then, at some point before convergence is
achieved, these corrections are introduced in the remaining iterations until the
solution, hopefully, converges, The types of corrections introduced in this fashion
include inviscid secondary flow, wake centrifugation, end-wall boundary layers, and
turbulent diffusion, among others. The best published examples are those of Adkins and
Smith (18] and Gallimore [19].

The next most important weakness in through-blade design systems is the lack of real
data on parameter distributions inside a blade row. These include departure angle,
losses, and blcckage. As discussed earlier, at present one is forced to rely on logical
assumptions which are only partly augmented by computations and experiments. The day
appears not too far off when some combination of computational fluid dynamics and
non-i